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integration, vehicle perf'onaaace, and the correlation of the analytical 

models w i t h  experimental data. 



ABSTRACT 

The document reports the results of a study performed by The Boeing  Company 

under Contract NAS 8-11017 w i t h  Marshall Space Flight Center, National Aero- 

nautics and Spsce Administration. 

assess the feasibility of improving launch vehicle perfonmnce by means of 811 

air augmented rocket propulsion system. 

The purpose of the study was t o  analytically 

The course of action taken was as follows: 

1. Develop an analytical model, with which t o  evaluate the significance 

and sensit ivity of prilpsry system variables on system perfommce. 

Produce conceptual designs of interest  for  propulsion systems on 

launch vehicles. 

Investigate methods of integrating the vehicle and a m n t e d  engine 

systems 

Determine effects of augmentation on system performance. 

Delineate problem areas requiring further investigation. 

2. 

3. 

4. 

5. 

To this end, three computer programs w e r e  developed or modified and exten- 

sively used during the course of the investigation. 

mented engine cycle aaalysis progrsm was written i n  order t o  investigate 

perfornrrnce trends and t o  outline those areas not warranting -her anslysis. 

An existing perfect gas, frozen composition, method of chsracterlstics nozzle 

p l m  program was revised t o  describe the inviscid interaction between a 

supersonic plume and an isentropic one-dlnensional stream confined by a wal l .  

A finite difference mixing program was developed which accounts for d a l  

pressure gradient, equilibrium chemistry, and confinement of the secondaq 

A one-dimensional aug- 

stream by a duct wall. 
&*R- 

The major portion of the study was epent i n  the development of the ana3ytlcal 

models and i n  determining the effects of the inlet  and mixing sectian 
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interactlone. 

due t o  component matchlng requirements which are not evident from a con- 

ventional one-dimensional analysis. The lower limit of cambustor operation 

is found t o  be adequately defined by the inviscid plume analysis, confinned 

by available experimental data (Volume 11, Confidential). When the 

lpixing section entrance conditions are kncnn, the odxing p r o g m  predicts 

with good accuracy the operat- charscteristics of the section. This is 

also confirmed by experimental data. 

These interactions present a v e r 4  perfommce limitations 

Based upon the one-dlmensional analysis, augmentation factors of 1.5 and 2.0 

are predicted for  fllght conditions and inlet-combustor geanetrles fo r  

which there are no compatible conditions of ~gtching operation, as determined 

from the more rea l i s t ic  plume and mixing programs. The required mtrtching 

of hardare imposes practical l iml te t ioxm in f l igh t  path selection and, 

in gene-, reduction in mgmentation factor. 

The S-IC stage of the Saturn V Vehicle m s  selected as the launch system 

upon which t o  study the effects of air augnm?ntation. 

was chsnged f r a m  a five-engine base cluster  t o  a 36 
orent surrounded by a shroud 94 feet long with a diaaeter of 60 t o  70 feet. 

Augnentation factors of 1.1 t o  1.25 in the Msch 2 t o  5 range were calculated 

for t h i s  canfigiu9tion. 

i n e r t  weight increese is  shown in volume 11 (Confidential) . 

The propulsion system 

esnular axmange- 

The net peyload change as a function of etsge 

V 
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A fundamental measure of the efficiency of a propulsive device i s  the thrust 

per unit nsss rate of fuel consumption, referred t o  as specific impulse. 

rsnge of values available vary fran approximately 400 for  high energy liquid 

rockets t o  10,OOO for  hydrogen tuibofans with the rsmjet -mum occurring 

i n  betveen. 

inversely as specific impulse with the rockets havlng values as high as one 

hundred, the turbofans around eight and reaujets zero at rrtstic 

conditions. 

The 

Unf'ortuastely, the thnrst-to-wei&t rat ios  of these engines vary 

Widespread efforts have been conducted vith the a l m  of increasing the fuel 

efficiency of the rocket while mslntaining the advantage of high thrust  t o  

weight ratio. 

specific impulse lmprovemnt by increasing the chendcal energy of propellants. 

In the case of stable llquld or wbrid s~rstePls, it appears that 456 seconds 

specific Impulse, a t  standard conditions, is the theoretical 1LLdll~o1~. In 

the case of solids one might optimistically expect impruvements on the order 

of twenty percent a t  most in the next decade, and then only after the elrpendl- 

ture of considerable effort. 

A great deal of t h e  and ef for t  is currently being devoted t o  

!!!he specific impulse impravements obtained by increasing the cheBpical energy 

of the propellant, important as they m y  be, are not etar t l lng  when compared 

t o  the possible specific imptllse increases accruing from inclusion of air- 

breathhg features with the basic rocket propulsion mode. 

Early investigations into such coq?osik air-rocket propulsion eystema were 

concentrated nainly i n  provldiw w e t s  with static thrust capability by 

the addition of fuel r ich rockets (Fteferences 1 through 5). These resulted i n  

1 
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systems which had static thrust capsbility at relatively low thrust-to-weight 

ratio in addition to the high specific impulse essential for cruise application. 

These engines, the ducted or ram rockets, were characterized by air to rocket 

mass flow ratios of approximately twenty to forty. 

weight ratio, they are primwily competitive with turbojets. 

Due to the low thrust to 

The design of the composite engine for launch vehicle applications presents 

a different emphasis upon the relative importance of specific impulse and 

thrust to weight ratio. 

maintained at the expense of potential specific impulse gains. 

with the high thrust-to-weight requirement, the basic concept to accomplish 

this is to utilize a single composite air-rocket engine cycle in which the 

air, provided by a conventional inlet, and the moderately fuel rich rocket 

exhaust gases enter a common duct, mix and combust, and then exhaust. The 

basic rocket engine is modified onlyto the extent of changing mixture ratio 

or expsnsion ratio to enhance the mixing process. 

to as the Air-Augmented Rocket, and is characterized by low air to rocket 

-8 f l o w  ratio8 up to faur, an order of asgnitude le86 than the ducted rocket 

or ram rocket. 

In this case, high thrust to weight ratio must be 

In keeping 

Such a cycle is referred 

It is not new in concept and has been studied both analytically 

and experimentally by m y  individuals and agencies (e.g., Reference 6). 

have resulted fram these investigations some experimental data but no adequate 

analytical methods. 

There 

It was the purpose of this study to develop adequate analytical models and 

methods with respect to the basic mixing and combustion processes, using 

experimental data; and establish trades between the air inlet, rocket mixing 

section, and expsnsion components to serve as a 

m c e  potential of selected air-augwnted rocket engine designs. 

of evaluting the perfor- 

2 



A. Analytical Apptarch Philosophy 

The evaluation of aqv thernodynamic cycle requires a thorough under- 

s- of the sepamte c m e n t  uperatione and processes, as w e l l  

as their interactioae. 

block dtagram form in Flgure 1. The bssic rocket engine cycle in- 

cludes the ahnmbcr procese, which is the m h l a g  and cc&uetion of 

the priaur (rocket) p w m t s ,  and the expension of the c d m s t i o n  

products thrau& a supersonic nozzle. 

secondary (air) t o  the midrig and c-tion section a e r e h  the 

chemlcal reaction betweem the air and fuel r ich prirparY exhaust pro- 

ducts occurs. 

expand t o  the system exh8u6t conditlaoe. 

!he air m t e d  rocket cycle, is shown In 

The air Inlet conducts the 

m expanelon section a l l a w s  the mixed st- t o  

propl both the mical and --tal s ~ p o i n t e ,  the inlet, 

rocket and expension processee have previouely been sufficiently w e l l  

deflned for  the purposes of this study. 

analysis of the mixing and conhetion process ha6 not been available, 

and experlmentsl data directly appliceble t o  this c m e p t  are meager. 

In addltion t o  the rew-t for a mixing and cca&uetion analysis, 

it was essential  t o  bsve 8 mt4llls of llnklng the component procesee6 

together I n  order t o  gervrak over-all cycle performsnce data. To 

these ends, the followlpg three computer progrmta have been aeVeluped 

and are deecrlbed in the following peges. 

However, a satisfactory 

3 
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3. Two dimensional mixing analysis 

One-Dimensional Cycle Analysis 

This  program was written t o  generate overall cycle performsnce data on a 

parametric basis along the l ines  of the classical  one-dimensional treat- 

ment. It is  the simplest of the  t h r e e  programs w i t h  respect t o  the  mix- 

ing flat  field analysis and was used t o  produce large sets of cycle data 

i n  order t o  outline those areas of flight conditions, flow rate ratios,  

area ratios,  etc., which warranted more sophisticated analysis; and t o  

exclude from further consideration those areas which obviously did not 

offer promise. The analysis of the m i x i n g  section is  based upon the 

rs.mqrtion that _ _  rixing of the secondary and 

and that the mixture is  i n  chemical equilibrium. The p r o m  calculates 

streams l e  complete 

net engine thrust, specific impulse and the flow properties a t  the mix- 

ing and expansion stations. In  view of the fac t  that complete mixing and 

combustion rarely occur i n  a physical situation, cycle performance as 

calculated by t h i s  program was assumed t o  be the nraxiwnn t h a t  could be 

achieved . 
The assumption of complete mixing and combustion a t  some unspecified 

distance downstream from the in i t i a l  m i x i n g  plane pennits one t o  ignore, 

i n  the  analysis, the detailed interactions between the primary and 

secondary streams i n  the m i x i n g  section, and hence the "pumping" effect 

of t h e  process on each of the entering streams. As w i l l  be shown later, 

t h i s  "pumping" action results in a fixed relationship between the opera- 

t ion  of the mixing section and the operation of the inlet. The failure of 

the  program t o  adjust t o  t h i s  matching requirement is a gross limitation 

of analyses of t h i s  type  and often leads t o  large errors i n  cycle perfor- 

mance calculations. If,  however, the matching requirements established 

5 



from the other analyses are setisfied, the program calculates cycle 

perfonoance w i t h  acceptable accuracy. 

Inviscid (Quasi-Two-Dimensional) Combustor Analysis 

The inviscid analysis of the mixing section assumes that the  primary 

and secondary streams interact i n  t h e  absence of viscosity and mixing. 

The secondary stream is confined between the mixing duct w a l l  and the 

primary plume boundary, which is  likewise confined by the secondary 

stream. 

mutually dependent ways through the duct, the  primary based u p n  two- 

dimensional or axisymmetric characteristic-type flow, the  secondary 

upon one-dimensional. flow. 

of both streams i n  the duct f o r  a given duct shape and stream condition 

at  the entrance t o  the section and is also used t o  determine the entrance 

S ~ C O ~  8%- condition resulting in choked se~ondarg rlow sommhere in the 

In other words, the two streams make their separate but 

The program calculates the flow properties 

duct. It be tbst t h i 8  aremod Of -818 &wau deSCr ibC8  thc 

operation of the  combustor when the opportunity for  mixing of the two 

stream8 is restricted by a short combustor length and the inviscid inter-  

action is  dominant. 

Two Dimensioaal Nixing Analysis 

The two-dimensional mixing program is the most sophisticated of the  three 

and was developed i n  order t o  analyze and examine, i n  detail, the mixing 

and reaction resulting f m m t h e  turbulent exchange processes. When the 

pluming action of the Jet  is strong and the  opportunity for  mixing is 

limited, the mixing produces a relatively minor perturbation on the 

combustor operation. 

when the nozzle is  over-expanded in the duct, the mixing becomes dominant 

However, when the pluming effect  is negligible, Le. 

6 



in establishing combustor operating characteristics. 

computes a complete f l o w  f ield map throughout the m3xing zone including 

the axial and transverse gradients in flaw properties, the location of the 

duct wall as a function of a prescribed pressure gradient and the thrust 

upon the duct. 

to the state-of-the-art to evolve from this study and I s  a powerful tool 

in the analysis of shear type flows. 

The program 

This prom represents the most significant contribution 

As previously stated, the operatiw conditions of the inlet and combustor 

must be matched in order fo r  the calculated cycle performance to be 

valid. The general f low of information and the relationships between 

programs in the overall analysis are as shown in Figure 2. 

7 
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B. Analytical Models 

2 
I 

I 
1 
I 
1 
I 
1 

I 
t 
I 
t 

1. One-Dimensional Cycle Analysis 

The idealized one-dimensional analysis was developed and programmed 

for the IBM 7094 to provide a fast, economical means of generating 

large quantities of data in order to determine the influences of 

various operating parameters on engine performance and to outline 

those axeas not warranting further investigation. 

description of the program and the details of operation are pro- 

vided in Reference 7. 

A complete 

Flow Model: 

j e t  is provided by a conventional chemical rocket for which the 

The f l o w  mdel is as shown in Figure 3. The prienrry 

exit conditions are fully known. The secondary stream is intro- 

duced into the inlet at a specified f l o w  rate and total pressure 

recovery. The streams m i x  and combustion takes place between 

Stations 1 and 2 followed by expansion in the nozzle between Station 

2 and Station e. 

the failure of the program to adjust the secondary inlet conditions 

so as to be compatible with the operation of the m i x i n g  and combustion 

section. 

process is of prime imp0 rtance in influencing the secondary flaw 

conditions . 

The most serious limitation of this analysis is 

In a physical situation, the pumping action of the mixing 

Assumptions: 

physical system into a workable mathematical model: 

The following assumptions were made in translating the 

a. All streams are homogeneous and uniform 

b. The secondary stream is a perfect gas with a constant ratio of 

specific heat€ (y = 1.4). 

9 
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Figure 3 - Air-Augmented Rocket - Analytical Model 



c. Complete mixing and chemical equilibrium are achieved at Station 

2 -- a n  unspecified distance downstream of t he  jet ex i t  plane. 

The expansion between Stations 2 and e is isentropic. 

The pressure-area integral on the combustor w a l l  I s  determined 

by use of the average pressure, 

d. 

e. 

PdA =: '2 i- '1s (A2 - 4) L2 2 

f. Friction and heat transfer between the streeuns and the wal ls  are 

absent throughout the combustor and nozzles. 

Program Options: 

area, velocity, t o t a l  enthalpy and weight flow). The secondary stream 

is described through use of the various options as shown in Table 1. 

The primary Je t  is described at  i t s  exit (pressure, 

The operation of the coxtibustor section is described by specifying 

ei ther  i t s  area ra t io  or  pressure ratio. When the area ra t io  is 

specified, both a subsonic and supersonic solution are  possible. 

The expansion from Station 2 t o  Station e may be specified by 

expansion t o  a pressure, an area, or a n  area ratio.  

equilibrium scb-routine of the program allows the use of a large 

n d e r  of rocket propellants and has the capability of bandllng 

several hundred chemlcal species. 

the species concentrations at Station 2. 

i a  not c r i t i c a l  when there are no condensed phases; however, when 

condensed phases exist  the estimates must be reasonably accurate 

In order that  the equilibrium ca lcu l t i ons  converge. 

The 

The program requires estinstes of 

Correctness of the estimates 



TABLE 1 
SEEOImARY FLOW INm OFTIODTS 

X X X x or x X X X X 

X X X x or x X X X X 

X X X x or x X X x 

X X x or x X X X X X 

X X x or x X X X X 

X X x or x X X X 

X X x or x X X X 

X X x or x X X X 

X 

X 

X 

X 

X 

X 

X X 

12 
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Calculation Technique: 

are presented i n  detail i n  Reference 7. 

Several sample cases with the equations used 

For the purposes of illus- 

tration, the equations and the technique of calculation will be 

presented here for  an e-le with the following given conditione: 

Bo, V 5 %* Alp’ P P’ P 

Secondary 

sslae as Line 1, Table 1 

Conibustor 

= a (pi, + pip) = a (A ), Trial V2 and R2 
A2 1 

(Fixed combustor area ra t io)  

Ekpansion 

Ae (Expansion t o  specified area) 

In le t  

The standard one-dimensional perfect gas isentropic flov and state 

equations are used 

t ions as follows: 

fo r  the cslculation of the secondary flow c o w -  

M l S  



= Ti (1 + 

The calculations proceed i n  the following steps: 

1. Calculate is from Equations (l), (2), and ( 3 ) .  

2. Calculate A,s froan Equations (4) and ( 5 ) .  

3. Calculate Vls from Equations (6) and (7). 

A l l  necessary secondary streem conditions are now defined. 

Combustor 

The colpbustor solution is  obtained by iteration frum the conserva- 

tion equations and the equstlons of state; 

Conservation of mss: 
% = p#2v2 = i + i  

S P  

Conservation of Manaentum: 

Conservation of Energy: 

& + H  
8 P 

14 
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Equstions of State: 

The steps of the calculation are as follows: 

1. 

2. 

3. 

4. 

5. 

6. 

7. 

8. 

9. 

10. 

Select a t r ia l  V2 

Calculate p2 from Equation (8) 

Calculate P2 from EQuation (9) 

Select a trial R2 

Calculate T2 from Equation (11) 

Calculate R2 and H as a function of P2 and T2. 
2~~~ 

This i s  accomplished i n  the equilibrium chemistry routine 

which i s  similar i n  technique t o  that described i n  Reference 8. 

Repeat Steps 5 and 6 using new R2 u n t i l  a constant value of R2 

is reached. 

Calculate H2 from Equa%ion (10) 
VEL 

%a and 2E@JIL' 
Compare H 

Repeat Steps 1 through 9 u n t i l  H 
= H2EQuIL 

versus V2 
%EL and 2EQUIL 

Figure 4 shows a representative plot of H 

fo r  various combustor area ratios,  a. Secondary flow conditions 

nay be selected which, for a given area ratio,  m y  produce no real 

solution, as represented by the  lower a = 1.0 curve. If 8 i s  in- 

creased sufficiently, two real solutions m e ~ r  then be found, one subsonic 

and one supersonic. A t  aunique value of a, the two real solutions are 

coincident at  the sonic condition. 

corresponds t o  the situation i n  which the combination of mixing and 

heat release "averchokes" the stream. 

The no-solution case, then, 

This means that manipulation of 
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Figure 4 - One Dimensional Combustor Solutions 
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the secondary stream conditions is necessary before a proper solu- 

t ion can be obtained. 

The program calculates either the subsonic or supersonic solution, 

if available, at  the option of the user. 

be calculated i n  which V2 is varied i n  fixed steps between desired 

limits so as to  produce a mp as sham in the figure. 

If desired, a prof i le  may 

Expansion 

The expansion calculation t o  a fixed area is a standard one and 

involves i terat ion around the equations of state and conservation 

of -8 and energy, rpaintaining entropy constant. 

i e = PeAeVe 

ve = 2gJ(H; - He) 

= S2 = f(Pe,Te) (Equilibrium Routine) 'e 
He = f(Pe,Te) (Equi l ibr ium Routine) 

2 

The steps of the calculation are as follows: 

1. 

2. 

3. Colaperre Se with S2 

4. Change Te 

5. 

6. Calculate V frm Equation ( 14) 

7. Calculate P from Equation of State. (1) 

8. Calculate Ae from Equation (13) 

9. Compare Ae wlth input Ae 

10. Repeat Steps 1 through 9 u n t i l  the correct value of Ae 

Select trial Pe and Te 

Enter equilibrium routine and calculate Se, He 

Repeat Steps 2, 3, and 4 u n t i l  Se = S2 

e 

e 
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18 obtained and the stream properties are calculated. 

Now that the exit conditions are determined, the engine perfommce 

i s  calculated frum: 

THRUST = (kS + 6 )V - &*Vm + Ae(Pe - P,) P e  

THRUST 
m 

I = 

'PAUG P 

No external drags such as spillage, cavl or skin friction are 

Included In the calculations of net engine thmst. 

18 
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2. Inviscid Combustor Analysis (Quasi 2-D) 

This program is a mdification of a method of characteristics 

analysis previously developed by The Boeing Company, programmed 

for the IBM 7094, for the calculation of two-dimensional and 

axisymetric perfect gas nozzle plumes in still air (SRIKT A) 

and with supersonic external flow (SPURT X), 

Flow Models: 

as to provide the two flow models shown i n  Figure 5. In the 

first, Ambient Pressure Input, the plume is calculated based upon 

a specified streamwise pressure distribution at the plume external 

streamline. In the second, Duct Shape Input, the plume shape is 

determined from inviscid interaction with the confined secondary 

stream. 

subsonic or supersonic. The primary jet pressure must always be 

greater than the secondary pressure. 

program is given in Reference 9. 

As a part of this study, SPUKF A was modified so 

The secondary stream may be specified to be initially either 

A complete description of the 

Assumptions: The assumptions used in this analysis are as follows: 

1. 

2. 

3. 

4. 

The expansion of the plume is isentropic except that the 

program will handle one inward running shock wave. 

The plume flow is a perfect gas of frozen composition, with 

a constant ratio of specific heats. 

The secondary stream is a perfect gas With 8 conatant 

ratio of specific heats. 

The secondary stream is one dimensional and isentropic, 

renders the secondary supersonic flaw option invalid, in 

general, when the conditions are such as to produce shock and 

This 

19 
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Figure 5 - Flow Models, Quasi Two-Dimensional Analysis 



expansion waves. 

No mixing occurs between the two streams, nor iil there f r le t ion  

or heat transfer i n  the system. 

5. 

Inputs: 

i n  terms of flow direction, temperature, pressure, gmm, gas constant, 

and Mach n\maber.- The secondary conditions of w e i g h t  flow, t o t a l  

temperature, and total pressure are defined. Both the adal pressure 

distribution i n  the case of Aaibient Pressure Input and the duct shape 

i n  the case of Duct Shape Input my be specified i n  either polynomial 

or tabular form. 

The conditione of the Je t  are specified a t  the exit plane 

GCnerel Features: whrn the arbient Srdal pres- distrihutlau ie specified 

as the baundsry condition f o r  the characteristics network, the plume 

flow field I s  calculated based upon tbat streamline pressure distri- 

bution. 

by an inviscid matching wlth the confined secondary stream such that 

the pressure of the external streamline and the one-dimensional 

secondary stream are eqnal and compatible w i t h  the secondary stream 

tube area formcd between the duct wall and the plume. A similar 

technique has been reported by Addy (Reference 10) In  general, it 

is desirable tbst the duct be either constant area or  aiverging i n  

order that there be no forward facing surfaces which would produce a 

pressure drag on the duct Itself. With the constant area or diverging 

duct, the plume telias t o  billow uutward and then turn Inward. 

secondary stream i s  subsonic initially, it will remain subsonic unless 

the plume causes sufficient canstriction of the secondary stream tube 

t o  choke the flow. 

pressure, which doring eupersonic f l igh t  is less than the edt pressure of 

When the duct shape input i s  used, the plume! is calculated 

If the 

If th is  choklng i s  not present, the ambient 
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the duct, W i l l  f e d  back upstream thKlugh the &sonic secondary 

flow and force a readjustnent of the secondarg conditione at the 

primnry eldt plane, 

change 80 that the choking condition W i l l  occur. 

Thle change Will cause the plume shape t o  

Calculation Technique: 

Input problem are descllbed based upon the following inputs: 

The steps i n  the snslysis of the Ikct Shape 

Duct slap? 

Coordinates In tabular or polynamlnal form. 

rip, R1p 

5 P ’  l P  

T lp’ y1p 4 
e 

Primrrg Jet 

Constant across Je t  exit 

MeJr be varled acmes Je t  exit 

The equations wed In the calculation of the secondary streem are as 

follows: 
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The calculatdons perf'oFlaed fo r  the prlx%ry Jet are handled entirely 

In SRJRT A which i s  a standazd method-of-characterlstics program 

and is fully described i n  Reference 9. 

The calculation procedure is as folluus: (See ~ i g u r e  6) 

1. 

2. 

3. 

4. 

5. 
6. 

7. 

Calculate 5 fropp Equation (19) 

Calculate AlS frcml EQuation (20) 

C a w t e  plS frcm Eqyation (21) ('phis equation has two real  

roots, ane subsonic and one supersonic. Either is available 

at the option of the user). 

Enter SPURI! A and calculate the initial slope of the plume 

sllpllne, based upon a Prandtl-Meyer expansion from the jet 

pressure (P ) t o  Pis. lP 
Ccllllence calculation of cbrmrcteristics net in SRJR!l! A. 

A t  the Intersection of each left nrnnillg characteristic with 

the slipllne, points 1, 2, .... I,.... calculate As% f rom 

-ti- (20) (the s u p ~ ~ n e  extension is based upon a linear 

extrapolation in S m  A frola the last two points). 

C a l c u l a t e  Psi from Eqyation (U) . 
real Foots, a selection mxst be made as t o  vhlch t o  choose as 

the solution, as w i t h  Pis. If P < q, i.e., %s > 1 (input 

aption) then the supersoslic solution t o  P 

Hawcver, i f  PlS > 5 
upon a l lnear  extrapolation of Psi from the prcvlaus two points. 

If the extrspolated pressure i s  greater than q, then the sub- 

sonic solution is determined f o r  thst point. 

Since Equation (U) has two 

I S  

is always used. 
81 

< l), the mode of solution I s  based 

If the extrapolated 
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8. 

9. 

lo. 

u. 
12. 

pressure is less than%, the supersonic solution is determined 

fo r  that and all succeeding points. 

Enter SPURl A and calculate a value of Pa 

net based upon the location of point i on the allpline. 

- 
i n  the chEl;rtrcteristics 

i 

io 
caw=- psi with Pq 

-4J-a 
i 

wt steps 6 thraUgh 9 =til Psi - P~~ 

Calculate all secondary properties using standm3 isentmpic 

perfect gas relatione. 

As will be disc~esed later, it is  belleved that the best operation of 

the engine cycle, frap a perfommce standpoint, results from a 

conflguratios such that the secondary Mach rrmbtr at the entrance 

t o  the c d n m t o r  l e  in the low stibsonic region (%s - 0.1 - 0.3). An 

essential  function of the coPburrtor then is to  r e s t r i c t  or choke the 

~ccondary flw In  order t o  produce the Ugh back pressure an the inlet 

necessary t o  8m-n this l o w  secondzuy Me& m e r  condition. With res- 

pect t o  t h i s  condition, there are three possible situations which can 

e a s t  analytically in the c d m s t o r .  The first occurs when the initial 

pressure different ia l  between p r i q  and ~econdary is lop, and the 

corner expansion of the Jet at the jet e d t  l i p  is low. In thle case, 

the plume width is s e t  restricted and reache8 i ts  audaurn diurekr 

without ever ham &OW the secondary. The ~ e ~ ~ n d a y  stream, 

bviw entered vith a low Mach number, is accelezuted to the point of 

constriction snd then decelerated, r e ~ I n l n g  a l l  the while 
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subsonic. 

feedback of 8mblent prcssurr discussed previausly i n  this section. 

This I s  not a pbyslcaUy possible solution because of the 

The apposite situation results fraara large pressure dif'ferential 

at  the pflnary Jet exit, vith a lsrge f l o w  turn at the corner of the 

nozzle Up. This produces an over coaetri,ctlon of the secondary 

stream tube by the plume such that this etreaa~ tube erea is less 

than the secondaxy cr i t ica l  area fo r  sonic flow. This situ8tion 

would force readjustment of the secondary flov conditions. 

The third case, and the one which is sought In the use of t h i s  pro- 

gxum, occurs when the inlet  conditions and the duct geometrg are 

such that the initial p a  eqansion and subsequent recampression 

are Just sufficient to  exactly choke the secondary stream at the 

point of Illaxi8aun constriction by the plume. 

pbyslcally this 1nvoloeS the transit ion of the stream fmm subsonic 

Analytically and 

t o  8up+rs&C flow. 

In the snalysls, t h i s  transition was initlaUy handled as outlined in 

Step (7) a b e .  mene!ver the e*rapolated pressure was equal to or 

lees than the supereonlc rrolution nre obtained. Another control 

was that whenever was less tbEIs A:, the progrsn stopped becawe 

of the inposslbilitg of the solution. unforturratcly, out of several 

hundred cases run, t h l e  transit ion VCLB never achieved In  the analysls 

because &enever the transition point wae reached, and Psi < 2, then 

alweys A < A;. Consequently, the control on A, was relaxed SO that 

1 

81 1 
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when 0.9 A: < AB < A;, the pmgmm continued w i t h  P8 
i i 

equal t o  <. A t  the point where the plune converged sufficiently so 

that the secondeuy 8tr&am tube area a6 defined by the duct w a l l  and 

plume slipline was greater than the cri t ical  choking a n a ,  the 

calculation proceeded as before, but wing the mpersonic solution 

t o  Equation (a), rather than the subsonic one. 

identically 

O f  these three flow situation8 which can analytically exist in the 

canbustor, only the choked case (transit ion from subsonic t o  

supersonic flow) has aqv 

tions of interest  i n  tbie  rtudy. 

is fuUy diecussed in Section C.2. The program I 8  used t o  

detennine the initial seem condition8 for a given p m -  

combustor combination which produces the choked secondary. Using 

t h i s  eonic criteria, it I 8  possible t o  determine the operating 

characteristics of the cadnrator insofar a8 the inviscid inter- 

action of the plrtnre and 6econdSFg streaa is concerned. 

interaction tends to  dominate over the mixing process when either 

the duct is very short and the opportuniQ for mix i l lg  is limited, 

or  when the secondary stream area is very large in colaparison wlth 

the primary plume. 

significance in the physical situa- 

The reason fo r  this situation 

!€%e inviscid 

The operation of the caasbuetor is more carpletely described in the 

Conbustor W s i s  section (c.2) of this report. 



3. Two-DimtnSiOnal M i x i n g  Analysis 

a. General Discussion 

The development of the mixing analysis described herein parallels 

t h a t  of other investigators except that consideration is given t o  

the following factors: (1) confinement of the secondary air  stream 

by a duct, which necessitates the consideration of axial  pressure 

gradients, and (2) chemical reactions between the species com- 

prising the rocket exhaust and the air stream. Libby (Reference 

11 ) and Vasiliu (Reference 12 ), for example, have analyzed 

the unconfined mixed flow field assuming equilibrium and non- 

equilibrium chemistry, respectively. Mikhall (Reference 13 ) , 
on the other hand, has treated the mixing of coaxial incomprcssi- 

ble streams in a duct but bas assumed no chemical reactions. The 

present analysis provides a method for  calculating the chemically 

reactive mixed flow f i e l d  within a duct of arbitrary geometry. 

The flow model employed in  the  development of the analysis is 

presented i n  Figure 7 It is assumed that a t  the ex i t  plane 

of the rocket nozzle the air  stream flows in a direction parallel 

t o  the  axis of synmetry. A t  the periphery of the nozzle exi t ,  

where the t w o  stream first come into contact, the mixing region 

begins and widens along both sides of the plme s l ipl ine as 

the flow moves dawnstreem. A s  the mixing region widens the  

inner boundary moves inward tmrd  the Jet centerline and the 

outer boundary outward toward the duct w a l l ,  un t i l  at  a certain 

axial distance the  mixing region may be considered to occupy 

the entire! duct. 

t he  non-uniformities in the flow change so that the 

As the flow proceeds i n  the dowr6trtam direction 
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radial  gradients of velocity, temperature, and composition approach 

zero, corresponding t o  a completely mixed flow. In the areas out- 

side the mixing region, the  flow is considered t o  be inviscid w i t h  

uniform velocity, temperature, and composition in the radial 

direction. 

are assumed t o  prevail w i t h  all molecular transfer considered 

negligible. T h i s  assmption is justified fo r  the problem under 

consideration since t h e  flow is generally turbulent, and the tur- 

bulent transport coefficients are usually several orders of 

magnitude greater than  t h e i r  molecular counterparts. 

Within the mixing region turbulent transport processes 

The major assumptions employed in the development of analysis are 

as 

a. 

b o  

C. 

do 

e. 

f .  

g. 

h. 

follows: 

hisymmetric or two-dimensional flow model. 

The ent i re  f l o w  f i e l d  is turbulent. 

Prandtl ' 8 boundary layer eq t t t  ions are  applicable . 
The perfect gas law is valid. 

Negligible radial  pressure gradient across the m i x i n g  zone. 

Mass transfer due t o  thermal and pressure gradients are 

negligible. 

The turbulent Prandtland Lewis numbers are  constant but 

may have values other than unity. 

The boundary layer which develope 

flow and the combustor wall is neglected. The boundary layers 

i n  the primary rocket nozzle and the  air  stream at  the  initial 

point of contact, however, may be considered. 

between the internal mixed 
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bo Fundamental Equations 

The fundamental equations which describe the flow field i n  the 

mixing region are  taken t o  be the turbulent boundary layer 

equations w i t h  the  properties therein being the time-averaged 

values. Thus: 

1 
I 
I 
I 
I 
I 
I 
1 

(25) 

(For notation see 190menclature). The exponent t, fo r  t he  

terms P' d e s  the equations applicable for  e i ther  two- 

dimensional or  axisyllrmetric flow. 

In solving the  above equations wing the f i n i t e  difference tech- 

nique, it is convenient t o  transform the equations ut i l iz ing the 

Von Mises transfornation. Thus, introduction of the streaun 

function (U,defined f r o m  t he  equations 
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is seen to satisfy equation (22) identically. The transformstion 

of the remaining equations is accomplished by noting that 

and 

where f represents any of the dependent variables, Hence, the 

transformed conservation equations become 

Species Continuity: 

Momentum Equation: 

Energy Equation: 

Thus, 8 system of K + 4 equations (including the equation of 

state) are available for determining the unknown parameters u, 

t, ck, &, (iV, and p 

ing the gas streams. A solution may be obtained, therefore, if 

appropriate expressions for the parameters fk and €,, are available 

K is the total number of species compris- 

in terms of the remaining unknown parameters. 

will be developed later In  this section. 

these parameters w i l l  be retained in this present form with the 

Such expressions 

However, for the present, 
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assumption that sui table  expressions are available. 

C. Development of the Finite DiTference Equations 

The f i n i t e  difference technique ut i l ized i n  solving the above 

equations consists of replacing the partial derivatives by 

f in i t e  difference ratios, which is equivalent t o  replacing the 

continuous flow system by a network of f i n i t e  elements, hereafter 

referred t o  as t h e  grid network. 

system illustrated i n  Figure 

work w i t h  a radial grid size of A y  and an axial grid s i ze  of 

A X  

a t  the grid points designated as my n; my n-1; and m, n + 1 

along the  line denoted as x = m, hereafter referred t o  as front 

m. 

grid point m + 1, n located on the m + 1 front. 

For example, consider the 

8 ,  wherein is shown a gr id  net- 

Assume t h a t  the  values of the flow parameters are known 

It is desired t o  find values of the flow properties at the 

Following Wu (Reference 

between m, n and m + 1, n may be expressed as 

14), the x-derivative at the midpoint 

where f represents any of the dependent variables. 

derivative is  expressed as an average difference approximation, 

thus 

The )v- 

The second derivative with respect t o  v/ is  given by the f i n i t e  

difference approximat ion 
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The product terms are approximated by 

Substituting the above approximations for the derivatives i n  

equations (28) through (30) and rearranging terms, yields 

35 



Thus, since a l l  the parameters involved i n  the right-hand side of 

the above equations are knawn, it is possible t o  determine the 

velocity, temperature, and concentrations of t h e  species at the 

m + 1 front. 

the density may also be obtained from the equsticm of state. 

solutions i n  the physical plane (x, r) are obtained by considering 

the definition of the stream function. Thus, f o r  a fixed x, the 

radial coordinate t o  any +-line is given by: 

Since it i s  assumed that the axial pressures are given, 

The 

(38) r=F:+l + 0 

where ro is  the radius corresponding t o  the reference s t reaml ine  

(t = 0 ) .  

being coincident with the centerline of the flow s y s t e m ,  or 

coincident with the plurae sl ipline as determined fruu the inviscid 

method of characteristics prcgpam described previously. 

The reference streemllne may be specified as either 

The technique employed i n  solving f o r  the flow properties through- 

out the grid network i s  as follovs. 

it is assumed that all the flaw properties are given -- these 

properties are termed the initial conditions. 

the second front, it is  assumed that the properties are known on 

the reference $-line ($ = 0) and the nmdnnm~ $-line (* nmx) --- 
these properties are termed the boundary conditions. Bnploying 

Equations (35) through (37), the f l o w  properties at the second 

front are then calculated beginning with the grid point m = 2, 

n = 2, and ending with the grid point m = 2, n = n 

boundary conditions at  the second front are obtained by assuming 

A t  the first front (x = 0) 

In addition, at 

-1. "he 
Blf3X 
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that the flow outside the mixing region is inviscid. 

fronts where the m i x i n g  region, as defined by concentration 

profiles, extends to either the duct wall or the jet centerline, 

the corresponding boundary condition is obtained by specifying 

that the r ad ia l  gradients of all flow properties are zero. 

Application of the above technique for each successive front 

gives the flow properties throughout the entire grid network. 

For those 

d. Eddy Viscosity 

Before the above finite difference equations can be solved, it 

is necessary that an expression for the eddy viscosity €v, be 

established in terms of parameters which are known or readily 

available. Such expressions have been developed utilizing 

Prandtl's mixing length theory with the assumption that the eddy 

kinemtic viscosity Cv/e , is constant across the mixing region. 
According to Prandtl the eddy viscosity may be expressed as 

€,, = @ b e (  ukrx - u-ih) ( 39) 

where k is a proportionality factor, b is the width of the mixing 

zone, and - is the difference between the maximum and 

minimum velocities in the mixing region. 

(39) becomes 

Setting b = cx equation 

el/ = ficxe(u,,, - Ubi*) 

- K x e ( U h r r x  - u,;,) ( 40) 

where the product of the two proportionality factors kc, is 

replaced by another proportionality factor K. 

Schlichting (Reference 15 ), the constant K may be expressed in 

Following 

terms of the similarity parameter d . Thus 
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which when substituted into equation (40) yields 

ex(&,, - % i * )  €" = 
4 c a  

Acccrding t o  Reichardt's theory (Reference 16 ) a similar 

expression fo r  Ev may be obtained, thus 

c5,(ct .*/.Ih, (43) 

where eo is a constant referred t o  as Reichardt's coefficient, 

C is a constant which accounts f o r  a virtual origin of the mixing 

region, L is a reference length, and n i s  a number having a 

value between 0 and 1 depending upon the degree of mixing. 

constant C may be assumed t o  account fo r  the boundary layers 

that build-* i n  the  two streams prior t o  the point of initial 

contact ( x  = 0) which produce, in  effect ,  a mixing region of 

f in i t e  width at x P 0. 

generally is assumed, equation 43 becomes 

The 

For the case where C = 0 and n = 1, as 

E, = &* e XA 
Equating equations (42) and (44) 

L (ak* - &v&) 6- = 
YQ-" 

Experimentally determined values 

into a quiescent amsphere  have 

(44) 

and solving fo r  E o  gives 

(45) 

of afar f'ree ,jets ex&wetirrg 

been obtained for  various je t  

Mach numbers ranging up t o  approximately 3.0 (Reference 17 

Figure 

for a jet  exhausting into still  air. 

through the experimental data was originally presented i n  Reference 

17 . The Qn$aed line illustrates the estimated variation of U- 

w i t h  Mach nunber as given by Korst (Reference 18 ). The 

) . 
9 i l lus t ra tes  the variation of 0 with Jet Mach number 

The solid l i n e  faired 
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majority of t h e  experimental data were obtained with air  jets 

having temperatures approximately equal t o  that of the ambient air. 

For Mach numbers less than unilYthe value of 0- has been rela- 

t ively w e l l  established as being CT=: 12.0, For Mach numbers 

greater than unity, the data i l l u s t r a t e  that CT increases 

considerably. 

experimental data are available t o  accurately predict d values 

for  free jets i n  the high Mach number range, 

The scatter in  the data indicate that insufficient 

For the turbulent m i x i n g  between two compressible coaxial 

streams, analytical attempts (Reference 19 ) have resulted in  

relating the two-stream CT value t o  an "equivalent" single 

stream 

The equivalent single stream value is obtained from Korst ' 6  

empirical relationship 

u value and the velocity ra t io  between the two streams. 

4; = 12 + 2 .758  Flsa ( 4 6 )  

where M h  is  an equivalent single stream Mach nurmber related t o  

the jet stream Crocco number as shown i n  Figure 10 . Also 
shown in  Figure 10 is  the r a t io  of the aforementioned two 

d u e s  as a function o f t h e  velocity r a t io  between the two 

streens; indicating that the two stream Q value increases w i t h  

increasing velocity ratio. This trend has also been established 

from experimental data. However, it should be noted that 

insufficient data are available fo r  adequate correlation w i t h  

the above theory, and therefore, the  theoretical values should 

be used w i t h  reservation. 

Since experimental d a t a  for predicting two stream U values are 
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not available the above technique for evaluating C has been 

adopted herein w i t h  the exception that the  equivalent single 

stream (TI value is obtained from Figure 9 corresponding t o  

the equivalent single stream Mach number. 

e. Chemical Model 

General 

In considering the chemical. aspects of t he  problem two choices of 

chemical behavior are available; namely, equilibrium or  non- 

equilibrium chemistry. Herein, both chemical models are in- 

dependently treated with t h e  assumption that the external stream 

is air and the  rocket exhaust contains only the species H 2 0 ,  H2, 

02, CO, and CO2. Since high velocities a re  encountered i n  rocket 

exhaust jets it appears t h a t  nonequilibrium chemistry would pre- 

vai l  throughout most of the flow field. The most accurate analysis 

should, therefore, be based upon nonequilibrium flow including 

the complicated chain reaction equations describing the  chemical 

reaction mechanism. However, i n  view of the complexity of such 

an analysis and the resulting lengthy calculations, it is 

advantagem8 t o  use equilibrium chemistry whenever that choice 

leads t o  accurate results. I n  the discussion that follows the 

equations f o r  both equilibrium and nonequilibrium f l o w  are 

developed and the results compared. 

Nonequilibriun Chemistq 

For nonequilibrium chemistrythe net rate of production of the 

species ek, is determined using the methods of theoretical 

reaction kinetics. For -le, consider the chemical reaction 
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between hydrogen and oxygen forming water vapor. 

known that the reaction mechanism between these molecules 

actually consists of several chain-type reactions such as the 

follaring: 

St is well 

H 2  + OH 

H + @  z= O H + O  

H 2 0  + H 

E + O  sr O H + H  

H + H + M t H 2 + M  

H + OH + M--'H20 + M 

O + O + M c 0 2 + M  

where M is a third body usually taken to represent all the 

molecules in the mixture.  

In order to determine the net rates of production of the various 

species entering the above reactions it is necessary to apply 

the reaction kinetics equations to each of the reactions. In 

order to simplify the present analysis, however, it is assumed 

that the above complex chain reactions for the % - 02 system 
may be replaced by the following one-step reaction equation 

(47) 
kk 

2 H 2  + 02 = 2H20 
In addition, it is also assumed that the reaction mechanism for 

the CO - 0, system maybe described by the one-step reaction, 
2 C ? O + %  -xo2 (48) 

where k)f and 6 are "overall" reaction rate constants, 

Following Penner (Reference 

rate of production of H20, in accordance with reaction (47), lnry 

20) it can be shown that the net 

43 



be expressed as 

I where ki is the forward reaction rate constant, Kp is the 

equilibrium constant, and W is the  molecular w e i g h t .  

Similarly, the  net rate of production of C% is given by 

(The subscripts 1, 2, 3, 4, 5, 6 correspond t o  the species 

H20, H2, 02, C@, CO, and N2, respectively). 

From further application of the  reaction rate equations it may 

be shown that the net rates of product- d uod CO a m  r e h t e d  

t o  those of %O and C02. Thus 

Since N2 is considered inert, its net rate of production is . 
w6 = 0 

From conservation of mass the net rate of production of 02 
becomes 

d3 = - [&, f .t, f q# f (53) 
The expressions for the reaction rate constants k$ and k: 

are assumed t o  be of the form 

where B is the frequency factor, E is the activation energy, and 

zr' is a constant. 
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Equations (49) through (53) may be employed i n  solving the 

finite difference energy and species conservation equations pro- 

vided the empirical constants in equation (54) laay be established. 

The primary diff icul ty  in a l l  nonequilibrium problems is that of 

establishing the reaction mechanism and associated expressions 

fo r  the reaction rate constants. 

complex chain reaction equations and rate constants are relatively 

well established. 

For the H2 - 02 s y s t e m  the 

It is possible therefore, t o  establish an 

expression fo r  an "overall" reaction rate conatant i n  the follou- 

ing manner. 

reaction rate  constants, the temperature distribution throughout 

a stream tube m y  be calculated for  a range of initial conditions 

of the flow parameters employing the one-dimensional analysis of 

Reference 21 Then, using the same analytical technique and 

the one-step chemical reaction a value of the overall reaction 

rate  constant may be determined which best reproduces the previously 

determined temperature distribution. 

Uti l iz ingthe chain reactions and the associated 

The above technique was employed for  a range of initial conditions 

corresponding t o  those anticipated for  the problem being considered 

herein. Typical results are shown in  Figure 11 wherein are pre- 

sented the calculated temperature distributions resulting from the 

use of the chain reactions ( the solid l ine)  and the one-step reaction 

using various expressions fo r  t he  overall reaction rate constant 

(the broken lines). The reaction equations employed in calculating 

the solid line w e r e  those presented on page 43 of the present 

report. 
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The value of the overall reaction rate constant was varied by 

altering the frequency factor; the activation energy was assumed 

constant a t  1.6 x 10 

frequency factor which best correlated the results obtained from 

the complex reactions was B = d6. 

4 cal/gm-mole. me average value of the 

Thus, the  expression employed 

for the overall reaction rate constant fo r  the H2 - 02 reaction 

was determined t o  be 

In a similar manner the oversll  reaction ra te  constant for  the 

CO - 02 system may be determined. Unfortunately, however, the 

reaction mechanism for  t h i s  chemical reaction has not been 

established and thus, an overall reaction ra te  constant cannot 

be determined. In view of the lack of data the  value given by 

Vasiliu nay be employed. Thus 

(56) 

Equfiibrirun Chemistry 

For equilibrium chemistry the net rate of production of each 

species is calculated from the  equation 

where EK and CK are the concentrations of species K bmediately 

before and after the chemical reaction, respectively, The 

problem, therefore, reduces t o  that of calculating t h e  equilibrium 

composition cK, for i n i t i a l  concentrstions EK a t  a given tempera- 

ture and pressure. 

From an atom balance the following relations may be obtained 

which are valid for both reactants and products: 
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where & is a pseudo-mas fraction defined by the above 

equations. For the reaction equations (47) and (48) the  equilibrium 

constants, expressed i n  

where WM is the  average 

values of K; and K$ are 

miss fractions, are 

molecular weight of the gas mixture. 

obtained from tables giving the equil- 

ibrium constants at  various temperatures. 

six equations are available for  determining the six unknown 

concentrations CK. The solution comprises an Iteration 

technique for calculating the concentrations of the products. The 

net rates of production of the species are then calculated u t i l i z -  

ing equation (57). 

Thus, a system of 

Comparison of EQuilibrium and Monequilibrium Chemistly 

In  order t o  i l l u s t r a t e  the differences between equilibrium and 

nonequilibrium chemistry, solLtloas were obtained for a typicsl  
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f. 

problem employing both chemical models. Shown in Figure 12 

is the temperature profile throughout the mixed flow f ie ld  

at an sxial distance of four feet  downstream from the exhaust 

nozzle of a L02/L& rocket motor. The conditions of the rocket 

exhaust and secondary air stream at the ex i t  plane of the nozzle 

are noted i n  the  Figure. 

the two cases is not great, thus demonstrating that the selection 

of equilibrium chemistry provides sufficiently accurate results 

for the given conditions. 

while t o  note that the mrichine computation times for  equilibrium 

and nonequilibrium flow w e r e  approximately 2 end 110 minutes, 

respectively. In view of the long computation times required 

for nonequilibrium flow and since equilibrium flow gave accurate 

results,  the latter chemical model was assumed for  the problem 

under study herein. 

As can be seen the difference between 

As a point of interest  it is worth- 

Computer Program 

In sumnary, the solution of the different ia l  equations is obtained 

by first transforming the  eqmtions using the Von Mises trans- 

formetion, expressing the transformed equations i n  f i n i t e  

difference form, and then solving the resulting f i n i t e  dmerence  

equations ut i l iz ing a computer program developed for  the  If94 

7094. Details of the p r o m  are presented in Reference 9 . 
Consideration is givento the s t ab i l i t y  and convergence of the 

solution u t i l i z i n g  the c r i t e r i a  established by Wu (Reference 14  ). 

The parameters which must be input t o  the program are (1) 

i n i t i a l  conditions of velocity, temperature, pressure, and concen- 

trations of the species caprisiDg the two streruas, (2) the 

the 
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turbulent Lewis end Prandtl number, (3) axial step-size, 

(4) axial pressure gradient, and (5)  supplemental iiata as 

noted in  Reference 9 

In  order t o  calculate the mixed f low f i e l d  for  a problem involv- 

ing an air-agumented rocket engine the steps outlined below 

are followed in uti l izing the mixing program. Assume that the 

rocket exhaust conditions as w e l l  as the secondary stream flow 

rate, t o t a l  temperature, and t o t a l  presarre are  known; and that 

the mixing section geometry is specified. 

conditions the  following steps are taken for  cases where P l s 4  pip. 

With these given 

1. 

2. 

3. 

For 

mix 

The s l ipl ine coordinates and the secondary stream s t a t i c  

pressure, static temperature, and velocity at  the  nozzle 

ex i t  plane are obtained from the inviscid plume program. 

The above values are input t o  the  mixing program along w i t h  

a selected axial pressure gradient fo r  the mixing section. 

I terate  with t h e  mixing program using various axial pressure 

gradients unt i l  the specified duct geometry is obtained. 

the  cases where Qs 7 Pip, step one is omitted and only the 

ng program is employed, 



C. Discussion 

1 . Configurations 

Early i n  the  study, it was necessary t o  establish some ground rules 

and constraints upon the  engine concepts and vehicle applications 

toward which the air-augmented rocket cycle analysis was t o  be 

oriented. 

maximum use was t o  be made of existing system and that no new 

vehicle designs were t o  be generated, except as necessaryto incor- 

porate the augmentation feature. 

a. Engine Concepts 

A requirement of the contract work statement was that 

A wide variety of augmented engine configurations nmrykconceived 

having varying degrees of refinement and analytical difficulty. 

The concepts which were considered in  the selection of the basic 

engine designs are as follows: 

Single Primary - Single Secondary. The simplest augmented engine 

concept, and the  most tractable from an analytical point of view, 

consists of a single rocket engine surrounded by a symmetrical 

shroud as sham in Figure 13. This concept is suited t o  liquid 

or solid strap-on applications. 

Multiple Primary. It is advantageous from both the inviscid 

interaction and mixing standpoints t o  divide the primary flow into 

several streams i n  order t o  maximize the contact area of the primary 

and secondary. 

engine arrangement (Figure 14), or a multiple throat and nozzle. 

Another m y  t o  increase mix- surface area is t o  u t i l i ze  a con- 

voluted, star-shaped, or  slotted nozzle exi t  shape (Figure 1 5 ) .  

This maybe accomplished wi th  either a multiple 



Figure 13 - S W e  air augmented rocket eggins concept 

----+E--- - 
c(- __c 

Figure 14 - M u l t i p l e  nozzle augmented engine concept 
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Multiple Secondary. 

the secondary stream into  a number of streams by a multiple aperture 

arrangement . 

Similar results may be obtained by dividing 

Altitude Campensation - Variable Geometry. 

the concepts discussed 80 far ar i ses  from the fact  that the duct 

is made t o  diverge so as t o  provide a surface upon which the  mixed 

stream m y  ac t  t o  produce thrust at  flight Mach numbers above one, 

approximately. Hawever, at  launch the  internal pressures are 

less  than ambient by virtue of the secondary flow, and t h i s  

form of over-expansion produces a significant drag contribution. 

A duct with a variable area ra t io  would prevent this. 

absence of variable geometry it is possible t h a t  the problem may 

be avoided by the use of doors i n  the duct located near the 

primary jet exit. The doors would open t o  the atmosphere t o  

admit additional secondary air into the conibustor t o  promote 

separation and raise the internal pressure t o  approach ambient 

pressure. 

A problem coppllon t o  

In the 

An alternative scheme is  t o  u t i l i ze  the altitude compensating 

features of the plug cluster (Figure 16) or t he  aerodynamic nozzle 

(Figure 17). A limitation of these two, however, when applied 

t o  air augnentation, is the  lack of confinement of the secondary 

and primary streams during the inviscid intersction and mixing 

process except by the  &as dynamical meam resulting from 3.nsm-d 

tilt of the primary streams. m e  lack of confinement by surfaces, 

oriented t o  produce thrust, v i r tual ly  el-tes the beneficial 

effects which would otherwise accrue From mixing and combustion of 
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Figure 16 - Air augmented plug clwter concept. 
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the two streams. 

around the aft end of the engine system similar t o  the fixed 

geometry shroud associated with the first concept discussed. 

It m i g h t  be feasible t o  f i t  a varieae shroud 

The lack of confinement and asymuetry of the primary stream pre- 

clude a rea l i s t ic  solution of the inviscid interaction of the 

streams w i t h  the present analytical tools (Plume Pmgrsm.) This 

program requires orientation of the characteristics network 

w i t h  respect t o  8 centerline ( i n  the case of two-dimensional flow 

a plane w a l l  w i l l  suffice). However, it could be modified t o  

accept variable boundary conditions. 

b. Vehicle Concepts 

The vehicle concepts considered for demonatration of the air  

a w n t a t i o n  application w e r e  limited t o  current existing designs. 

Those i n i t i a l l y  selected were a hydrogen f'ueled, horizontal 

take-off rocket plane(Figure 18) and the Saturn V. 

course of the  study, the program was re-directed in order t o  in- 

crease emphasis upon the investigation of component and engine 

performance characteristics. 

w e r e  then limited t o  the Saturn V. The i n i t i a l  augmented config- 

uration involved the least modifications to the basic stage and 

is shown i n  Figure 19 This modified stage is  referred t o  

in t h i s  report as the S-lA. 

around the Saturn V wi th  its original propellant system and F-1 

engines. The engines operate w i t h  I / R P - l  a t  a nominal chamber 

pressure of IO00 psia. Aa VllL be shown later, baaed upon the one- 

diaensioxml analyaie, the  optimm mlrture ratio and notzle e-- 

ai- ratio in the a-nted vexvim agpccued to be 2.3 sld 10 t o  12 

During the 

The design and integration studies 

It consists of a single duct placed 
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Figure 19 - S-lA configuration. 



respectively, and these values uere used throughout the analysis. 

The duct dltuneter YBB sized 3OBlewha.t; arbitrsri3y; It appeared t o  be 

as large as me practical  for the vehicle, and an inlet which was 

colapertible with the duct size provided representative secondary 

to p m  PLLSS f l a w  ra t ios  of from -25 to 2.5, depending upon 

flight conditione. 

a s h  to operate w i t h  a kinetic energy efficiency of g2$ for t b i s  

initial perfornunce ~ s l s ,  The duct length was establlshed ~ 

at 80 feet fmpn considerations postulating a duct length to  primrry 

nozzle diameter r a t io  of 8 to 10 re'- t o  -eve roderate aim 
of the two streams, This configuration has several undesirable 

aspects, The length and weight of the duct requlred t o  con- 

taln the mixlog region are large. 

duct aft of the vehicle is a serious limitation because of vehicle 

e\rpport and hold-down consideratiom and the requlrsaent for free- 

dan of l a te ra l  movement of the vehicle baae at l l f t -of f ,  Also my 

thrust vectoring losde w d d  have t o  be taken by the duct, requlrlng 

high strength of the duct and attacbnu?nt Fittings. 

The Inlet geollretrg waa unspecified but it was 

m e  location of the mixing 

- S-2A. 

the s - 2 ~  coafigaretion (pigure 20) MS designed t o  integrate the 

propulsion system and vehicle into a shorter length sgstepp w i t h  

no extension beyand the vehicle me, The use of 36 smaller engines 

(E-1 tspe) permits 8 ehorter length for the cadbustor, lWt3 duct 

arrangenent s l lovs  the we of caazventi& hold down and support 

laechadws and provides for thrust vectoring loads t o  be takem 

directly into the vehicle base. 

protection for the propellant tank w a l l  which is nav exposed t o  

In order to  avoid the principal dlsadvsnteges of the S-lA, 

It does reqylre additional themsl 
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severe heating by radiation and convection from the mixed stream. 

The rocket engine chamber pressure, mixture ratio,  and expansion 

r a t io  were the same as iIie 

respectively. As w i l l  ilt Ciscussed later, increasing secondary 

mass flow rate,  in general, has a beneficial effect  on system 

s p x i f i c  impul~e. Consequently, the s ize  of tbe duct and inlet 

capture area were increased, a-in somewhat arbi t rar i ly ,  t o  w h a t  

lo00 psia, 2.3, and l O : l ,  

m.5 considered t o  be the practical  l i m i t  with respect to basic 

Saturn V structure. 

C. Inlet 

The selection af' the i n l e t  required consideration of inlet perfor- 

mance, coqlexity,  and necessary range of operation. Figure 21 

shows the total pressure recovery 0: a variety of inlet types 

as a function of f l i g h t  Mach number. 

upper l i m i t  of performance of a variety of inlets, both fixed 

and variable geometry, o p r a t i r g  on design, and measured experiment- 

a l l y  over the past several years. 

of t h i s  investigation t o  determine optimum system performance, use 

of a variable geometry inlet on an integrated vehicle-propulsion 

system of th i s  size was considered unwarranted. The two shock 

(one oblique, one normel) fixed geometry annular inlet was selected 

as being a reasonable compromise between inlet performance, 

complexity, and weight, It was designed t o  provide optimum 

performance at  a f l igh t  Mach number of 3, the approximate mid-  

point of the supersonic portion of the f l i gh t  range over which 

significant augmentation was expected. 

study, the inlet analysis was confined t o  consideration of shocks 

The upper curve represeqts the 

Since it was not the purpose 

For the purposes of t h i s  

61 



variable geometry II 

I 

t- 

Mach 3 design point 

\ 
\ 

4 5 

62 



and area variations only. 

bluntness, flow variat ions across the  stream, boundary layer, etc. 

were ignored. 

Effects of friction, leading edge 

2 . Combustor-Mixing Sect ion A n a l y s i s  

Now that the means have been developed by which the flow fields i n  the 

mixing section can be determined for  given initial f l o w  conditions, 

the question must be answered as t o  w h a t  f l ow patterns i n  the  combustor 

are physically real is t ic ,  and how initial secondary stream conditions 

are determined which produce t h i s  r ea l i s t i c  situation. 

Figure 22 i l lus t ra tes  an axisymmetric engine consisting of an inlet, 

a rocket engine, and a mixing-combustion duct, hereafter referred t o  as 

the mixing section or  combustor. 

mixing section. 

conditions of the rocket, a r e  constant, the only variables being the 

secondary air  stream f l o w  conditions a t  the ex i t  plane of the  p r h a r y  

nozzle (Station 1). 

less than the rocket exhaust s t a t i c  pressure P 

a restr ic t ion t o  the secondary f l a w  as shown i n  the figure. Assume, fo r  

the present, t h a t  the secondary flow is subsonic at  Station 1 and 

remains subsonic throughout the mixing section ( t h i s  condition is 

physically possible only when Pe = P& ) . 
plume diverges outward and further r e s t r i c t s  the invisvid secondary f l o w ,  

u n t i l  at a specific value of PlS the secondary flow attains sonic condi- 

tions at  some point along the mixing section. 

condition is established, decreasing t h e  pressure downstream of t h i s  

Consider first, the flow through the  

Assume that the ambient pressure, as well as the flow 

For values of the air stream s t a t i c  pressure, Plsr 

the exhaust plume forms 
1P' 

A s  Pls is decreased, the  

Once t h i s  "choking" 

point w i l l  have no effect  on the secondary flow conditions. 
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Now, consider again the case where subsonic secondary f l o w  exists 

throughout tine mixing section. 

disturbances w i l l  be propagated upstream, affecting Pls in such a 

manner that either Pe w i l l  equal P,, or  the flow w i l l  become choked. 

The effects of m i x i n g  are superimposed on the inviscid flow f ie ld  and 

the secondary f low conditions. It should be noted that the foregoing 

discussion has been limited t o  include onlythose cases where P < P 

Since tne f low is subsonic, pressure 

Is lP* 

For most cases of interest  here, the secondary flow is forced into the 

mixing section due t o  the vehicle being propelled through the atmosphere 

by the air-augmented rocket powerplant and consequently PlS may be 

@;rester than plP a t  certain points along the trajectory. 

the plume does not form a restriction t o  the secondary flow as previously 

In such cases 

described, hence, the choking condition can only be achieved as a result 

of mixing and/or heat release within the mixing section. A t  other points 

along the trajectory, however, Pls w i l l  be sl ight ly  less than P 

the choking condition w i l l  be a+,tained as a result of the combination of 

and 
l P  

plume "blockage", mixing and heat release between the two streams. 

is noted that fo r  stable operation of the engine, the flow at  some 

point in  the mixing section must be choked. 

It - 

The problem of analyzing the flow s y s t e m ,  therefore, reduces t o  that of 

determining the secondary flow conditions which result in choked flow 

fo r  a given duct geometry and pr imry  rocket conditions. 

No effor ts  were made t o  determine the effects of plume and/or mixing zone 

impingement resulting from a multiple nozzle arrangement such as the 

S-2A. 

was equal t o  that of a single nozzle surrounded by a single duct of 

It was assumed that the  multiple nozzle configuration operation 
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such diameter that the ratios between secondary and primary stream 

at station 1 were the same for both. me gurpoae for considering the 

S-2A c d l g u m t i o n  was to develop approxhmte propulsion weights, as 

described In  Volumae 11. 



i 1 2 e 

Figure 22 - Air-Augmented Rocket Schematic 
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A, Component Operating Characteristics 

1. Inlet 

The purpose of a subsonic combustion airbreathing inlet, i n  general, 

is essentially two fold: 

the conditions required by the combustor section, and t o  provide 

surfaces upon which the diffusion process can ac t  t o  produce thrust. 

Before the  integration of the inlet and combustor can be accomplished 

w i t h  an appropriate degree of realism, and the effects of one upon 

the other can be established, it is necessary t o  understand the 

general operating features of the inlet. 

t o  provide the proper flow rate of air at 

In order t o  i l l u s t r a t e  the inlet operstion, two simple annular inlets 

as shown in Figure 23 have been selected as examples, In the  normal 

shock in le t  the flow is  assumed t o  be one-dimensional. In the two- 

shock inlet the flow is  two-dimensional up t o  the throat, and one- 

dimensional thereafter. 

variable constriction of the in l e t  outflow by means of thermal choking, 

geometric throat, etc, which are noIplEiuy encountered, This  constriction 

serves t o  regulate inlet back pressure, fix the  position of the nornml 

shock, and hence establish t o t a l  pressure recovery and exi t  Mach 

amber. The performance of the inlets was calculated using perfect 

gas ( y = 1.4) shock and isentropic flow relations. 

The in l e t  plugs are shown t o  illustrate the 

The performance of the two inlets in  terms of s t a t i c  and total 

pressures delivered for flight Mach numbers of 2.37 and 4.59 at 

various altitudes is shown in  Figure 24s . 
th i s  way i n  order t o  fac i l i t a te  colaparison w i t h  the combustor operating 

The data are shown in 
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Figure 23 - Annular inlet configurations. 
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conditions which w i l l  be described later. 

horizontal l ines of each set represent the diffuser ex i t  pressure 

rat ios  obtained with the normal shock at  the in le t  t h r o a t  and diffuser 

exi t  plane. 

in terms of the imrpulse function: 

The upper and lower 

The internal thrust produced by the inlet may be described 

g = P A + & V  3 P A ( l + y $ )  

where the thrust  is equal t o  the difference between diffuser ex i t  and 

free stream impulse functions: 
IS 

T i n l e t '  p a  = &Is 

Since $-is constant f o r  given weight 

inlet thrust w i l l  maximize when 

a plot of acr;7p*,s a function of Mach 
4 s  is 

flow and flight condition, 

aminnrm. Figure25 shows 

number . $*is a function 

only of weight flow rate, t o t a l  temperature, gas constant, and gamma, 

hence is constant f o r  t h i s  adiabatic flow situation. From t h i s  curve 

one can conclude that t h e  inlet  w i z l  produce the most thrwt when the 

exi t  Mach number is very low, a lesser amount when it is high, and 

the least when M I s  = 1.0. It is then desirable t o  operate the inlet 

along the upper l i m i t  l ine,  if possible. This condition corresponds 

t o  lnaxirmrm t o t a l  pressure (recovery) which is generally regarded as 

being axiomatically required fo r  best airbreathing performance. 

Henceforth, the word "quality" w i l l  be used t o  describe, on a compara- 

t i ve  basis, the condition of the secondary air  as it leaves the inlet. 

High quality means low Mach number and high t o t a l  pressure, and vice 

versa. 

line, and low quality by operation along the lower l i m i t  l ine. 

High quality air is produced by operation along the upper l i m i t  
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The subsonic performance of the two inlets (Figure 24b) is considered 

t o  be identical As contlasted With the stlpclrronic case where the 

flow wae a s h  constant fer a given lret of flight conditions, 

the lpare flov of the stJbsonic case vsriee due t o  frictiorral and ncm- 

unifornd.tp effects. 

2. Mixing Section 

The operating characteristics of the mixing section are best described 

i n  terms of the  flow conditions of the rocket exhaust and secondary 

air  stream at the  location where the streams enter the mixing section, 

i.e., at  the exit plane of the rocket nozzle, 

Bd?=a.nd (2.2. these conditions must be such that with a given mixing 

section geometry, the f low becomes choked at some axial location within 

the mixing section. The theoretical data for  these flow conditions, 

w i t h  consideration given t o  mixing, nnry be obtained ut i l iz ing the 

mixing program described i n  Section B.3. However, t o  generate such 

data over a wide range of rocket flow conditions and mixing section 

geometries is verytime consuming. 

other hand, may be employedto generate parametric data which, although 

not including the effects of mixing, provides a method fo r  establishing 

'trends and the lower l i m i t  of combustor performance. The operating 

characteristics of the mixing section have therefore been separated 

into two sections -- inviscid and viscous operating characteristics, 

As discussed i n  Sections 

The inviscid analysis, on the  

a. Inviscid O p e r a t i n g  Characteristics 

The inviscid operating conditions of the  combustor are determined 

through use of the Inviscid Plume Program i n  the following steps: 

1. Specif'y primary conditions and colabustor geometry. 
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2. Select a secondary mass f l o w  ( &s), t o t a l  temperature ( T ~ ~ ' )  

and t o t a l  pressure (Plso). 

3. Calculate flow conditions i n  combustor with Inviscid Program 

(Duct shape Input). 

vary secondary t o t a l  pressure (pls') u n t i l  the sonic condition 

is reached. 

Select new values of &s and repeat Steps 3 and 4. 

Select new values of Tlso and repeat Steps 3 and 4. 

4. 

5. 
6. 

Figure 26 describes a variety of duct and nozzle geometries 

t o  which the inviscid analysis was applied. 

plot of &s versus p 

tions A and C. 

intersect the Plea aXiS (lb, = 0) at a coPrmOn point fo r  each con- 

figuration, defined as Po. 

pressure at which the prinnrryJet,plume expands sufficiently t o  be 

Figure 2'7 is a 

f o r  constant values of T~~~ for  C o n f i m -  

Notice that the points plot  as straight l ines  and 
1s 

This corresponds t o  the secondary t o t a l  

just tangent t o  the duct w a l l  and completely r e s t r i c t s  the secondary 

flow. The value of Po is  a function only of primary conditions and 

duct geometry, and is independent of other secondary flow conditions. 

The data may then be shown as in Figure 28 with &s (Tso)1/2 plotted 

versw p 

determine mass flow rate fo r  given combustor geometries and secondary 

' - Po for each configuration. F'romthis curve one can 
1s 

t o t a l  temperature as a function of secondary t o t a l  pressure. For 

later comparison with the inlet operating characteristics, the same 

secondary conditions for choking are shown i n  Figure 29 with PlS/Pls 

plotted versus plea. 

t o t a l  temperature and could be plotted a8 MBch nlrmber versus PIS 

0 

These curves are independent of secondary 
0 

In discussiag the performance of the combustor section, it is 

helpful t o  consider the following general statements, whose val idi ty  
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is established elsewhere in  t h i s  report. 

1. Increasing secondary weight flow increases augmented specific 

impulse. 

Increasing the qurrlity (high t o t a l  pressure and low Mach number) 

of the secondary flow increases performance. 

stream quality is reflected i n  a sh i f t  of the combustor line 

upward and t o  the  right i n  Figure 29, as fromA t o  C.) 

The development of thrust can occur only when there are 

surfaces properly oriented t o  receive it. 

2. 

(Increased secondary 

3. 

With respect t o  these statements and referring t o  configuration 

A as a base l ine  in Figures 28 and 29 , the  following effects of 

geometry are apparent: 

1. Increasing secondary t o  primary area ra t io  or  diverging the 

ductrequl!reshigher secondary f low rate fo r  the same quality 

( t o t a l  pressure) secondary flow (Figure 28, Configuration C t o  

A and B). 

Decreasing secondary t o  primary area ra t io  requires higher 

qusli ty air  for the same flow rate. 

so far t o  choke the secondary, or in other terms, higher pressure 

is required t o  force the  secondary past the plume, Figure 24 

A t o  C.) 

Increasing divergence angle of the primary nozzle is beneficial 

in increasing secondary f low quality. (Figure 2q A t o  D). 

2. 

(The plume need not expand 

3. 

4. Decreasing primary nozzle area r a t i o  is only s l ight ly  beneficial 

i n  increasing secondary flow quality. 

Increasing secondary t o  primary area ra t io  and divergence of the 

duct provides more surface area oriented t o  accept internal thrust. 

(Figure 29, E t o  F) . 
5. 



Based upon the  above observations, it can be stated that increasing 

secondary t o  prinmry area ra t io  and divergence angle of the duct 

are beneficial in producing internal thrust developing surfaces and 

in increasing f l a w  rate capability, but detrimental i n  that the 

combustor requires a lower quality secondary flow t o  operate w i t h  

the secondary choked. 

b. Viscous Operating Characteristics 

In order t o  determine the operating characteristics of the combustor, 

w i t h  mixing and combustion of the primary and secondary streams, 

the configuration illustrated in Figure 30 was selected. The 

primary rocket is aS8~1ned t o  have the following operating character- 

ist ics:  

Propellants - IOJm-1 

Mixture ra t io  = 2.3 

Cambustion pressure = 1,ooO psia 

Flow rate = 808 lb/sec 

Area ra t io  = 10.1:l 

Exit diameter 3.666 f t  

Optimum specific impulse = 302 

Exit velocity = 9734 ft/sec 

Exit temperature P 3681'R 

Exit pressure P l2.9 psia 

1% - sec 
lbm 

The conditions of t h e  secondary stream at the exi t  plane of the  

primary nozzle are assumed t o  be compatible w i t h  those provided by 

the two-shock inlet discussed in Section A-1. 

Consider a vehicle with a flight Mach nuniber of 2.37 at an al t i tude 
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of 50,000 feet. The secondary flow conditions at the nozzle ex i t  

plane are as follows: 

plS = 2U5 psfa 

Tls = 809OR 

= 0.35 1s 
6 = 1215 lb/sec 
S 

= 489 ft /sec U l S  
Employing these initial conditions and the technique fo r  calculating 

the mixed flow f i e l d  as discussed i n  Section B-3, the results pre- 

sented i n  Figure a w e r e  obtained. The results are i n  the  form of 

Mach number profiles, obtained from velocity and temperature profiles 

at  various axial locations i n  the mixing section. It is seen that 

as the f low proceeds i n  the  downstream direction the Mach number 

gradient approaches zero. The minimum Mach number at the duct ex i t  

(X/D = 4.54) is greater than unity, thus indicating that the flow 

is choked. 

Shown i n  Figure 32 is the pressure ra t io  (P/Po) 

PlsO i l lustrat ing the comparison of the mixing theory with the 

theoretical data obtained from the viscid theory. 

that the pressure rat ios  obtained from the inviscid theory are 

those for  which choked flow was obtained due o n l y t o  the  blockage 

as a function of 
1s 

It is recalled 

effect  provided by the rocket exhaust plume, it being assumed that 

no mixing occurred between the two streams. Thus, judging f r o m  the 

data obtained from the mixing analysis, it appears that as a result 

of mix% the pressure ratios which produce choked flow are greater 

than those predicted fromthe inviscid theory. 

pertaining t o  t h i s  trend is presented i n  Volume I1 of the  present 

Further discussion 
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report. 

indicates that the  inviscid theory may be employed t o  predict the 

lower l i m i t  of combustor performance. 

performance has not been determined analytically, but appears t o  

correspond t o  those conditions at  which the  mfxed f l o w  becomes 

choked at the combustor exit, i.e., the  minimum Mach rider in  the 

profile at  the  combustor exi t  is equal t o  unity. 

It m y  be stated here, hmever, that work thus far 

The upper limit of combustor 

C. MixingLeagth 

The operating characteristics of the mixing section are  strongly 

affected by its length. For given flow conditions, the basic 

requirement which must be fu l f i l l ed  in  establishing the length of 

the  mixing section is  that it be sufficient fo r  the flow t o  become 

choked. F r o m t b r u s t  considerations the duct should be quite long, 

but when consideration is  given t o  duct w e i g h t  and drag, it is 

obvious that an optirmrm length exis ts  which gives a maximum net 

thrust-to-weight ratio. Thus, techniques which reduce the required 

duct length and improve thrust producing capability are of interest. 

Since the required duct length, as dictated by the choking cr i te r ia ,  

may be reduced by choking further upstream, and the thrust  increased 

by maintaining higher pressures throughout the mixing section, a 

technique which satisfies both conditions simultaneously is desired. 

Such conditions can be obtained by increasing the rate of mixing 

between the two  streams. For example, due t o  momentum interchange 

which is proportional t o  the rate of mixing, the secondary stream is 

accelerated at a mote rapid rate, and thus a t ta ins  the choking 

condition more rapidly w i t h  increased rate of mixing. Also, increased 

rate of miXing resul ts  in mre rapid heat release due to  chemical 



reactions, and thus, higher pressures are cepeble of being sustained 

throughout the mixine; section. Hence, techniques which improve the 

rate of m i x i n g  between the rocket jet and the  secondary air stream 

ere of importance. One technique which has been demnstrated 

experimentally t o  be effective, is the use of turbulence end vortex 

generators i n  the secondary streem. Other techniques which improve 

the  re te  of mixing comprise the following: 

1. Multiple rocket exhaust nozzles, which when distributed 

throughout the secondary stream effect an increase i n  the area 

of contact between the two streams, 

2. Multiple secondary streams 

3. Devices which alter the boundary layers immediately upstream 

of the point where the two streams first come into contact. 

3. Inlet-Combustor Matching 

Once the operating characteristics of both the  inlet and the combustor 

have each been defined, the problem of selecting the match point of 

the two, if possible, is largely solved. 

s t a t i c  t o  t o m  pressure ratio VS. t o t a l  pressure for t he  secondary 

stream with e prirnuy-combustor combination of Configuration E shown in  

Figure 26. 

In  Figure 33 ere plotted 

C u r v e  1 w a s  generated based upon inviscid choking of the secondary and 

represents the lower limits of combustor perfo-ce discussed in  the 

preceding section. Also plotted are the same variables for the Mach 

2.37, two-shock inlet shown previously. A t  a given altitude, the inter- 

section of inlet and combustor curves defines a match point of compatible 

operation. These configurations match at altitudes between approxinrrtely 
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47,000 and 64,OOO feet, wi th  the normal shock at  the  inlet throat and 

exit ,  respectively. Above the higher altitude, the shock is disgorged 

so that the flow rate drops t o  accommodate the matching. Below 47,000 

feet, the shock must pass downstream into the  combustor section where 

it will either form obliquely off the nozzle plume or mixing zone at 

the proper strength t o  cause choking behind it, or w i l l  pass completely 

out of the engine. 

while analysis of supersonic secondary flow w i t h  shocks in  the combustor 

is not possible w i t h  the analytical methods developed during t h i s  study, 

it does not appear l ikely t h a t  t h i s  situation w i l l  produce enough 

thrust t o  overcome inlet drag at the relatively low f l igh t  Mach numbers 

being considered. 

In t h i s  case the  in le t  w i l l  produce only drag, and 

C u r v e  2 represents the operating characteristics of the s m e  combustor 

w i t h  the  mixing effects adding t h e i r  perturbation t o  the inviscid 

operation. 

psrison between the experimentsl data and the inviscid operating l ine  

calculated for  that geometry. This corresponds t o  the si tuation dis- 

cussed i n  the preceeding inviscid operation section, in  which the 

combustor can handle a higher quali ty secondary stream. 

the estimation of the  location of Curve 2, isolated points recently 

calculated i n  the mixing snalysis indicate that t h i s  estimate is con- 

servative, and that the line could be higher. 

For t h i s  curve these effects have been estimated by corn- 

Subsequent t o  

If one uses combustor opereting conditions typical of C m e  2 in Figure 

33 , the mtch points mve t o  lower alt i tudes and bet ter  augmentation 

factors, i n  general, but the range of operation is  s t i l l  limited. 

Figure 34 shows the trajectory limits of the combustor operating along 
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Curves 1 and 2 with the two-shock in le t ,  compared with a typical 

C-5 vehicle trajectory. Spectacular examples of the importance of 

considering matching conditions are  at  Mach 2.37 and 3.11 a t  h , O O O  

feet, where there are no match points with either Curve 1 or 2 of 

Figure33 . 
however, augmentation factors of 1.5 and 2.0 are predicted by the 

one-dimensional analysis. 

Using ~llaximum inlet recovery ( inlet upper l i m i t  l ine)  , 

The effect of mixing is t o  move the range of operation t o  the lower 

a l t i tudes ,  where increased augmentation generally results from 

higher weight flows and higher t o t a l  pressures. However, if one 

attempts t o  increase weight flaw by increasing the size of the duct 

(increasing Als and AlS/Alp), combustor operating conditions will be 

lower, the match point trajectories w i l l  be higher and the flaw rate 

for  the larger duct w i l l  decrease. 

inlet-combustor combination for the selected primary rocket, disregard- 

ing  structural and thermal protection weights, which provides maximum 

augmented engine performance, considering the trades involved with 

duct size, weight flow, and match point trajectories.  

of the optimum configuration has not been made i n  t h i s  study. 

capability has been developed, however, t o  perform the parametric 

evaluation necessary t o  arrive a t  optimum configurations as functions 

of trajectories based upon an analytical model which rea l i s t ica l ly  

describes the physical phenomena. 

There is, then, an optimum 

Determination 

The 

With a vehicle having the capability t o  vary i t s  trajectory aerodynami- 

cally it should be possible t o  f l y  along a trajectory giving optimum 

engine performance. However, the ba l l i s t i c  peth followed by a vehicle 



such as the C-5 prevents t h i s  manewering 

modulation. 

by thrus t  

The necessity for  such a trajectory control and matching could be 

eliminated if a conbu8tor-primaz-y combination could be found whose 

operating conditions curve in Figure 26 were nearly horizontal 

and at  a high pls/plso SO t h a t  match points could be obtained at 

a l l  altitudes and Mach numbers. 

be achieved by throttling the primary engines. When the chamber 

pressure of the primary increases, the j e t  exi t  pressure also increases 

and the combination of higher  w e i g h t  flow and higher pressure pro- 

duces more constriction of the secondary flow by virtue of increased 

mixing and pluming of the jet. This  would tend t o  mve the normal 

shock forward toward the throat and increase the  inlet performance. 

Reducing primary weight flow would produce the opposite results. 

might be possible t o  increase the augmentation sufficiently at  

certain conditions t o  offset the weight penalties occasioned by having 

t o  carry a larger engine than is needed fo r  portions of a flight. 

It appears possible that t h i s  could 

It 

B. Powerplant Perfonnance 

It is  customary t o  refer t o  engine performance i n  terms of thrust, specific 

impulse, or thrust coefficient. Since t h i s  study is primarily a cormperison 

of what can be achieved w i t h  and without the addition of a secondary air 

system, the augmented performance is  described in terms of -e augmentation 

factor, 



The augmented specific impulse is defined as the theoretical augmented 

thrust produced by the engine divided by the sum of primary propellant and 

secondary fuel  flow rates: 

Referring t o  Figure'!?-, the  engine system thrust  is determined from the 

thrust produced by its components: 

-/N;b - w / p  - 4 6 ,  - Q L  - P , ( ~ * - 4 p - A , , )  

r= (&sf + +n;,,)v, -hl;y, +A&-%) (69) 

This equation is a h l l a r  t o  Equation (17) used in  the one-dimensional 

cycle analysis. There are assumed t o  be no heat transfer or f r ic t ional  

effects between the engine system and its boundaries. 

In  order t o  retain a degree of realism i n  the generation of parametric data, 

most of the effort  was oriented toward the S-1A and S-2A configurations with 

perturbations from these baselines. The theoretical rocket specific impulse 

for  the LO2/Rp-1 engines of these configurations is shown i n  Figure 35. The 

reference specific impulse (I 

a nozzle area rat io  of 16 at the appropriate altitude conditions. 

) is, i n  t h i s  case, the specific impulse at 
SR 
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1, One Dimensional Cycle Analysis (Unmatched Inlet-Coxtibustor Operetion) 

The engine perfornrrnce data presented in t h i s  section were calculated 

as outlined i n  Section B o l o ,  without regard t o  the inlet-combustor 

matching requirements. 

one-dimensional analysis was used. When stud- these data it is of 

In  a l l  cases, the supersonic solution t o  the  

paramunt impWtance t o  remember that conclusions drawn must be tempered 

w i t h  judgement and awareness of the matching limitation. However, the 

trends which are shown have been confirmed, in general, w i t h  the  analyses 

considering matching. 

a, Base Line Perfornrsnce 

The calculated performance of the two  base l ine  configurations are 

as shown i n  Figures 36 and 37 and are based upon t h e  following 

assumptions: 

Primary Rocket 

LO2/RP-1 

Pc = lo00 psis  

O/F = 2.3 

e = 10.1: 1 

P rfi = 28,253 lbdsec  

Alp = 370.35 ft2 - 1899.4 lb/ftO2 
S-IA 
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S-2A - 
M e t  capture area and t o t a l  pressure recovery arc for  2- 

shock inlet (Mach 3 design point) 

A = 1933 f t2  

Als = 1760 f’t2 
cowl 

b. Parametric Performance 

The effects on the  performence of the base l ine  designs due t o  

variation of a number of parameters are discussed i n  the paragraph 

below, 

Incomplete Afterburninq: The effect  on S-IA p e r f o m c e  of no 

secondary combustion was determined by replacing the  oxygen i n  the 

air w i t h  nitrogen for two flight conditions. 

The calculated performance was as follows: 

3.11 80,OOO 1544 0.368 1.216 1.213 

2.37 50,000 3398 1.19 1.465 1 457 

Agparentlythe effects of non-afterburning are not significant at 

the  lower weight flow ratios and the major results of secondary air 

addition accrue from momentum interchange only and these results 

are sufficient t o  produce respectable augmentation. 

Primary Area Ratio: 

t o  16 in the  S-lA configuration, w i t h  the results on augmentation 

factor as shown in Figure 38 fo r  a typical trajectory. 

The primary rocket area ra t io  was varied from 8 

For t h i s  
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configuration, an area ratio of about 10 t o  I 2  is optimum, regard- 

less  of the point on the trajectory. This indicates that the optimum 

area ra t io  is m r e  a function of combustor geometry than of secondary 

conditions. 

Prinlary Oxidizer-Fuel Ratio: 

the augmented engine differs l i t t l e  fromthe effect  on the  rocket 

alone, further indicating the relative insensit ivity of aupented 

performance t o  heat release in the  cambustor. Figure 39 illustrates 

these effects. 

is only s l ight ly  richer than t h a t  for  the pure rocket w i t h  the same 

chamber pressure and area ratio. This does not preclude the possi- 

b i l i t y  that at very high secondary t o  primary IIELSS f l aw  rat ios  the 

beneficial effect  of a mre fuel rich prinruy might be substantial. 

The effect  of varying primary O/F on 

The optinnnu mixture r a t io  for  the augmented engine 

Inlet Total Pressure Recovery: 

on in le t  and combustor operation, high inlet t o t a l  pressure recovery 

contributes t o  high augmentation factors. 

the  data shown in Figures 40 and 41, 

generated fo r  the  S-IA configurstion along a typicsl  trajectory 

by replacing the 

the same capture area. A t  low supersonic Mach numbers the n o m  

shock inlet performs virtually as w e l l  as the better inlet .  A t  

higher Mach numbers, however, the detrimental effects of the normal 

shock recovery are =re serious. The s l ight  tail-up of the curve 

beginning at Mach 4 i s  due t o  the fact  that the augmented performmce 

even w i t h  the better inlet has begunto f a l l  off very sharply. 

Figure 41, augmentation factor is  plotted versus secondary t o t a l  

As has been stated in the  section 

This is  demonstrated by 

The data in Figure h were 

KE = 9% inlet w i t h  a norBI8l shock inlet having 

In 
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pressure (or recovery) for  the S-2A configuration at  a single Mach 

number and altitude of 3.11 and 60,OOO feet  respectively. 

seen that augmentation factor increases as secoqdary t o t a l  pressure 

increases, for a constant secondary flow rate. 

It is 

Secondary Flow Rate and Mach Number: The data in  Figures 42 and 43 

w e r e  generated for  a f l i g h t  Mach nuPzber of 3.11 and altitude of 

60,OOO feet without specific configuration orientation, w i t h  aug- 

mentation shown as a function of secondary t o  primary mass flow 

ratio,  

the secondary Mach number a t  station 1 was equal t o  one, 

Figure 43 the inlet diffusion process was greater, producing a 

secondary Mach number of 0.27 w i t h  its associated higher s t a t i c  

pressure, 

duct ex i t  pressure was equal t o  ambient pressure. 

in  combustor area ratio between the  two resulted *om lack of 

solutions t o  the one-dimensional equations at some points, but does 

not substantially affect  the results. 

In Figure 42 the inlet  geometry was assumed t o  be such t h a t  

In 

Both configurations w e r e  completely expanded so that the 

The difference 

Two things may be mentioned here: first, increasing f low rate has 

a beneficial. effect on augmentation in  both cases, and second, the 

better augmentation is produced by the engine system i n  which the 

in l e t&#methe  secondary air t o  a lower Mach nuuiber at the 

entrance t o  the combustor. However, it should be emphasized that 

the performance data for the low secondary Mach number si tuation 

were not based upon a nrcrtched si tuation between inlet and combustor 

and also that the deleterious effects of t h i s  requirement become 

mre pronounced at the higher secondaryto primary area rat ios  

associated w i t h  the  higher mass flow ratios. The result of the 
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sonic secondary flow at station 1 is t o  decouple the inlet from the 

effects of' the combustor operating characteristics. 

The effects of such a technique on S-2A augmentation factor is 

shown in  Figure 44 where augmentation factor is plotted versus the 

dynamic pressure q, for  two flight Mach numbers - 2.37 and 4.59. 

The performme of t h e  standard S-2A, w i t h  the two-shock inlet 

operating at its point of maximm t o t a l  pressure recovery, is com- 

pared t o  the same configuration, w i t h  the inlet modified so that the 

secondary f l o w  is  just sonic at station 1. 

performance of a sonic inlet  w i t h  a kinetic energy efficiency of 92$. 

A t  both Mach numbers, the performme for  all configurations increases 

w i t h  q, and the subsonic injection inlet shuws superior performance 

over the sonic injection inlet w i t h  the  same recovery, especially 

at the higher flight Mach number. 

Also shown is the 

The reasons for  th i s  better performance are shown in Figure 45, where 

the thrust  contributions of the three engine components, primary, 

in le t  and combustor, are  shown fo r  both two-shock inlets. 

injection inlet produces only drag on the system, and the thrust 

contributed by the combustor is insufficient t o  d e  up t h i s  decrement. 

However, at extremely high q trajectories,  the sonic injection may 

still  provide better augmentation than the  other s y s t e m ,  suffering 

the penalties accruing from the matching requirements. 

The sonic 

Mixing Section Divergence: The effect  of duct divergence on the S-2A 

perfonnsnce at the  higher Mach number and altitudes is shown in 

Figure 46. 

i n i t i a l  duct area at station 1. The nozzle expansion r a t io  is either 

In all cases the ex i t  area is fixed at 1.8 times the 
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1.8 or 1.285 t o  correspond w i t h  the duct area ratios of 1.0 and 1.4, 

respectively. 

augmentation factors at all conditions studied. 

The higher divergence duct provides s l ight ly  better 

Secondary Fuel Injection: 

for  an overal l  stoichiometric oxidizer t o  fue l  ra t io  is 1.55. 

Figure 47 presents augmentation factor versus secondary fuel t o  

primary propellant flow rate, where the secondary fuel is injected 

with zero velocity at station 1. A t  t h e  high secondary t o  primary 

w e i g h t  flow ra t io  of 5, t h e  secondary fuel addition produces a 

slight increase in i t i a l ly  but then begins t o  fall  off. 

that the a w n t a t i o n  ratio is theresfter only sl ightly affected by 

increasing secondary fuel addition is further i l lustrat ion of the 

relative insensitivity of performance t o  combustor heat release. 

The secondary t o  primary mass flow ratio 

The fac t  

2. Engine Performence With Inlet-Combustor Matching 

The calculations for  engine p e r f o m c e  based upon matched operation of 

the inlet and combustor have been performed i n  two ways: f i r s t ,  the  

secondary conditions established for  compatible operation in Figure 33 

were input into the  One-Dimensional C y c l e  Analysis, which calculated 

perfornrrnce for  those operating conditions based upon the  complete 

mixing and chemical equilibrium assuntptions~ Secondly, from Figure a, 
selected conditions which the inlet is able t o  provide and which l i e  

above the inviscid operating line, were used as inputs t o  the Two- 

Dimensional Mixing Analysis. This prograrn provided the  duct thrust 

which was added, by hand calculations to the thrusts produced by the 

primary rocket and the  inlet, according t o  equations ( 65) through ( 69) 

at the beginning of th i s  section. In t he  following parsgraphs it will 
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be shown that there is  acceptable correlation between the two methods. 

a. S-2A Engine Performance With Matching 

These calculations w e r e  performed by the first method, above, based 

upon the operating characteristics of the  two-shock inlet, and 

combustor Configuration E i n  Figures 26md 33 This configuration 

has tne same geometric features as the S-2A engine configuration, 

except that the S-2A has a multiple nozzle arrangement. 

ratios,  

the same f o r  both configurations. 

The area 

and A2/A1, and the primary rocket conditions, are 

The approximetion of the multiple 

arrangement by use of the single jet and duct was discussed in 

Section C.2. 

Figure &shows S-2A augmentation factors plotted versus altitude as 

a function of flight Mach number f o r  the operating lnatch points of 

Curve 2 i n  Figure 33. A comparison of these data with the S-2A base 

line augmentation factors in Figure 3 calculated without regard t o  

matching, reveals the c r i t i ca l  effects of the matching requirement. 

Not only is augmentation reduced drastically, but the range of 

operation is now confined between narrow limits. 

Figure 48bshars the  same performance data based upon the operating 

mstch points of Curve 1, which operates w i t h  lower quali ty air. This 

condition results i n  lower augmentation factors at  the same altitude, 

and also shif ts  the operat- range .to higher altitudes and resultant 

lower flight dynamic pressures. 

These data denonstrate the desirabil i ty,  from an engine performance 

standpoint, of improving combustor characterist ics and the quality 





of the secondary air it can u t i l i ze  through use of proper geometry 

and improved mixing techniques. 

b. Engine Performsnce From Two-Dimensional Mixing A n a l y s i s  

In order t o  determine the effects  of secondary flow rate, alt i tude,  

rocket mixture rat io, and Reichardt '6 coefficient ( a  psFsmeter which 

is a measure of turbulence in  the mixing region), the duct geometries 

shown i n  Figure 49 were selected. The selection of these configura- 

tions was predicated upon the results obtained w i t h  other configura- 

tions; for  example, constant area and divergent ducts. The constant 

area duct generally does not give large augmentation rat ios  since 

there is no net unbalanced area in the plane norma,l. t o  the axis of' 

symmetry, except the  inlet, upon which pressure forces m y  act.  

The diverging duct provides additional unbalanced area but the 

requirement of choked flow generally necessitates the pressure Pls 

t o  be lower than t h a t  required for  the constant area duct. 

the higher the pressures throughout the duct, the  higher w i l l  be the 

net engine thrus t  fo r  the same net unbalanced area. 

there is a configuration which gives an optimum net thrust  fo r  every 

given fl ight condition. However, it was beyond the  scope of t h i s  

study t o  determine the optimwm configurations. Configuration I is 

constant area for L/D = 1.52 and then diverges t o  an area ra t io  of 

%/Al = 1.8 at L/D - 3.04. Configuration 11, the  smaller duct, is 

Obviously, 

Undoubtedly, 

constant area for L/D = 2.27 and then diverges t o  an area r a t io  of 

&/AI = 1.8 at L/D = 4.54. 

Case 1 

It is instructive t o  f i r s t  consider the larger duct since it brings 
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t o  attention a fundamental problem that may be encountered using 

one-dimensional solutions. 

rocket exi t  area, A /A 

t o  have the following operating conditions: 

The r a t io  of the duct area t o  the 

is 12.96. The primary rocket is assumed 
1 lP 

Propemnts  - L O ~ / R P - ~  

M i x t u r e  r a t io  = 2.3 

Combustion pressure = 1,0oO psia 

Flow rate = 808 lb/sec 

Area ra t io  = 10.1 

Exit diameter I 3.666 ft 

Optimum specific impulse = 302 

Exit velocity = 9734 f.t;/sec 

Exit temperature = 3681'~ 

Exit pressure = 12.9 psia 

lbf - 
l b m  

me secondary air stream conditions a t  the ex i t  plane of the nozzle 

are assumed t o  correspond %o those provided by a two-shock inlet 

operating at  M, = 2.37 and an altitude of 50,OOo feet with the 

normal shock located at the inlet throat. 

performance characteristics are presented i n  Section C-1. 

The inlet design and 

The air 

stream conditions at the ex i t  plane of the rocket nozzle are: 

Stat ic  temperature = 809 R 

Stat ic  pressure = 2145 psfa 

Mach number = 0.35 

Flow rate = 3040 lb/sec 

Velocity = 489 ft/sec 

Employing these i n i t i a l  conditions and the technique f o r  calculating 

the mixed flow f i e ld  as discussed in Section B-3, the  results 
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presented i n  Figure 50 were obtained. 

the form of Mach Ember p m f i l e s ,  obtained from velocity and 

temperature profiles, at  various axial  locations i n  the mixing 

section. 

remains subsonic throughout the entire duct, a condition which can 

be physically possible only if  the ex i t  s t a t i c  pressure is equal t o  

the ambient pressure. The pressure distribution fo r  the above f l o w  

through the duct is presented in Figure 51 and, as can be seen, 

the exi t  pressure is 2250.0 psfa. 

assumed al t i tude of 50,OOO feet is 244.0 psfa, which is considerably 

less than the mixing section ex i t  pressure. Consequently, such an 

analytical si tuation cannot physically exis t  since the ambient 

pressure would propagate upstream through t h e  subsonic flow, 

changing t h e  secondary flow conditions at  the exit  plane of the 

rocket nozzle. It is  interesting t o  note that if one did not 

consider t h i s  phenomena, but assumed that the secondary conditions 

were not affected, t h e  augmentation r a t io  as calculated fromthe 

above flow conditions is 1.84. The corresponding value obtained 

from the one-dimensional solution is approximately 1.70. 

be noted, however, that the secondary flow conditions which give 

t h i s  augmentation r a t io  are physically impossible if consideration 

is  given t o  the choking condition as predicted by the theoretical 

Mach number profiles. 

The results are presented i n  

It is noted that a considerable portion of the mixed flow 

The ambient pressure at the 

It should 

Case IA 

I n  order t o  determine the secondary flow conditions that are compatible 

w i t h  the physical situation, the secondary conditions for  the above 

case must be altered until  the  results indicate that the f l o w  
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through the duct is choked. 

the secondary flow conditions at  the nozzle ex i t  plane w e r e  

altered by permitting the inlet noflpal shock t o  move downstream of 

In an attempt t o  obtain choked flow 

the 

The 

inlet thrart. Those conditions are as follows: 

Stat ic  pressure = 1920 psfa 

Stat ic  temperature = 544 R 

Mach number = 0.40 

Flow rate = 3040 lb/sec 

Velocity = 544 ft /sec 

resulting Mach number profiles are sham i n  Figure 52. Com- 

paring the minimum Mach numbers i n  the ex i t  profiles fo r  the  two 

sets of secondary flow conditions, it is seen that  the minimum ex i t  

Mach number for  the later case has increased fromthat  of the former 

case but is s t i l l  subsonic. 

secondary flow conditions must be made u n t i l  the  choking condition 

occurs. 

fo r  the second case of secondary flow conditions is  1.51, thus 

indicating that the trend is toward lower augmentation ra t ios  as 

the choking condition is approached. 

Consequently, further changes i n  the 

As a point of interest, the augmentation r a t io  obtained 

Case 2 

Consider now Configuration I1 w i t h  identical  secondary pressure, 

temperature, and velocity as i n  Case 1. 

I1 has a smsller f l o w  area than that of Configuration I, the decrease 

i n  flow area effects  a proportional decrease i n  secondary flow rate. 

The Mach number profiles were presented previously in Section A-3, 

Figure 3. As can be seen, the minimum Mach number a t  the duct 

exit  is  supersonic indicating that the en t i re  f low is choked. 

Thus, since Configuration 

me 



Figure 52 - Mach Number Profile 
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augmentation ra t io  for  this  flight condition (M, = 2.37 a t  50,000 

feet)  is 1.14. 

decreasing the flow area results i n  the choking condition occurring 

wi th  a relatively high pressure Pls. However, since the ne t  unbal- 

anced area decreases, the augmentation r a t io  is  also lower than 

that given for  the larger diameter duct. From the results of the 

above two cases, it appears that there is  an optimum duct flow area 

which would provide a lrraximum augmentation r a t io  for  given secondary 

pressure, temperature, and velocity. 

Thus, decreasing t h e  secondary flow rate by 

Case 3 

Another method of effecting a change i n  secondary weight flow, 

other than changing t h e  flow area, is t o  operate at  a different 

a l t i tude with the same f l igh t  MBch number. 

t h i s  effect an al t i tude of k0,OOO feet was selected. 

In  order t o  determine 

With the inlet 

operating with the  normal shock at the throat, the secondary flow 

conditions are: 

Stat ic  pressure = 3445 psfa 

Stat ic  temperature = @OR 

Mach nrrmber = 0.35 

Flow rate = 1960 lb/sec 

Velocity = 489.0 
The Mach number profiles for  t h i s  f l i gh t  condition &re 

prerented 

The augmentation ra t io  for t h i s  f l igh t  condition is 1.33. 

the augmentation ra t io  was increased 16 percent above t h a t  obtained 

at an altitude of 5O,OOO feet. 

dynamic pressure increased by approximately 60 percent at the 

in  Figure 53, which illustrated t h a t  the flow w a s  choked. 

Thus, 

However, it should be noted that the 
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lower al t i tude ( q  = 1540 psf a t  40,OOO feet  and q = 960 psf at  50,000 

feet)  . 
Case 4 

In the previous cases the rocket exhaust conditionsw-constant 

and only changes of the secondary stream were studied. 

engine thrust is  dependent t o  some extent upon the  amount of energy 

released within the mixing section it is of interest  t o  determine 

the effect of decreasing the rocket mixture ratio,  thm providing 

additional fuel  for  combustion with t h e  a i r  stream. 

Since the  

The results presented in  Figure 54 were obtained for  secondary flow 

conditions corresponding t o  those of Case 2 and a rocket mixture 

ra t io  of 2.0. 

of Case 2 it is  seen that the exi t  Mach numbers i n  the outer portion 

of the flow f i e l d  have increased only slightly. 

temperature profiles at the duct exit  for the two cases, as shown i n  

Figure 55, also show only sl ight  increases in  temperature due t o  the 

increased combustion. The augmentation ra t io  for  t h i s  case is 1-19, 

an increase of approximately 4.5 percent over that obtained f o r  Case 

2. 

relatively small effect  of mixture r a t io  on the augmentation ratio.  

Upon comparing the Mach number profiles w i t h  those 

Conrparison of the 

Thus, it appears that within the range 2.0 t o  2.3 there is 

Case 5 

Considerable interest  has been devoted t o  methods of increasing the 

rate of mixing between two streams by the ut i l izat ion of turbulence 

or vortex generators. 

analytically by assumingthat the increased rate of mixing is 

described by an increase in Reichardt's coefficient. 

The effect  of such devices may be assessed 

Shown in 
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Figure 56 are the Mach number profiles for secondary flow conditions 

corresponding to those of Case 2, with Reichardt's coefficient 

increased by a factor of approximately five. 

entire flow is choked, with the exit Mach numbers in the outer 

portions of the flow greater than those of Case 2. 

57 are the inner and outer boundaries of the mixing region as 

determined f r o m  concentration profiles for the two values of 

Reichardt's coefficient. As can be seen, the mixing region occupies 

the entire duct at axial locations of approximately 5 and 10 feet 

for the high and low Reichardt's coefficients, respectively. The 

augmentation ratio for this case is 1.20, an increase of approximately 

5.3 percent over that obtained for Case 2. 

As can be seen, the 

Shown in Figure 

I n  Figure 58 is presented the augmentation ratio as a function of 

dynamic pressure based upon results obtained f r o m  the mixing analysis 

for Configuration 11. 

with increasing dynamic pressure - the maximum calculated value 

being 1.4 at a dynamic pressure of approximately 2500 psf. 

The augmentation ratio is seen to increase 

Shown in Figure 59 is the augmentation ratio as a function of area 

ratio AlS/Alp, for a free stream Mach number of 2.37 and an alti- 

tude of 50,OOO feet. 

with increasing area ratio. 

provides greater area upon which pressure forces m y  act, but the 

requirement of choked flow generally necessitates the pressure PIS 

to be lower than that required for the s a l  combustor. Consequently, 

the integrated pressure over the forward-facing area is only 

slightly larger than that of the s u e r  duct and hence, the aug- 

The augmentation ratio increases slightly 

As noted previously the larger combustor 
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mentation ratio increases only slightly. 

The augmentation ratios for the various cases discussed above are 

presented in Table 2 along with the corresponding flow conditions. 

It should be noted that, in order to accurately establlsh the rela- 

tive effects of the parameters, the choking location in the m i x i n g  

section should be identical for all cases - preferably at the m i x i n g  

section exit. 
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Conclusions : 

1. 

2. 

3. 

4. 

5.  

The analytical models have been developed for gaseous flow that 

are capable of predictiw system perf'ormmce t o  an accuracy 

comau?ne\ll.ate with good engineering practice. 

Util i ty of the W e l s  is reduced by the external Iteration 

technique requlred t o  obtain satisfactory solutions from the 

mixing program. 

It is Imperative t o  consider the coupllng betveen the air inlet 

and the mixlag section and the resultant Elatching operatlon i n  

arrlving at rea l l s t ic  augnrented engine perforsrrnce. 

lphe c r i t i c a l  effect of the lnlet-combustor laatchlng has not been 

fully explored, but the judicious use of throttleable high pressure 

prlmmy rockets and/or secondsy Ate1 m y  offer a prolnislllg approach 

t o  th i s  problem. 

The results indicate t h a t  high dynandc pressures improve engine 

perfommnce . 
Recommendations 

1. Modify the ndxlng program t o  Incorporate internal i terat ion tech- 

niques t o  arrlve at desired duct configurations. 

Generate broader parametric llrrpe of perfonmnce In  the reglmes 

where augmentation appears favorable, based rrpon the lnlet- 

cambustor mertching requirement . 
Investigate the advantages of using a Ugh chamber pressure throttle- 

able priarazg rocket and/or secondaxy fuel injection i n  order t o  

upemte e4sbl.y at hi& m c  pressures. 

2. 

3. 

126 



4. M o d f f g  existing program as necessary aad explore novel air aug- 

mented design concepts, which pravide altitude campensating 

effects, increased mixing of the streams, vsriable inlets and 

exits, and dual mode operation. 

Develop an analytical model for  the analysis of solid prirareSp 

rocket air augmemtation systems. 

Perform studies t o  permit selection of the most promising 

engine concepts for various applications. 

Conduct an experimental program to f'mther. veri* the analyses, 

obtain additional basic mixing data, evaluate mixing section 

performmce with ixpingement of the mildng zones of multiple 

Jets, and investigate the Interaction of the inlet and cam- 

bustor. 

5. 

6 .  

7. 
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